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ABSTRACT 
The calculus of variations is used to obtain optimum three-dimensional interplanetary 
transfer trajectories for a specified power-limited vehicle. The constant thrust program 
with coast capability used is governed by two-body orbital mechanics. The trajectory 
is broken up into departure and arrival spirals and a heliocentric transfer. The initial 
and terminal states for the spacecraft are circular-equatorial parking orbits about the 
departure and arrival planets. A minimum heliocentric distance for the spacecraft of . 723 
AU was maintained. The values of the parameters for the propulsion system modeled 
reflect those for Inertial Electrostatic Confinement (IEC) fusion and plasma linear driven 
Magnetized Target Fusion (MTF). The majority of the launch dates are from the years 
2024 to 2026. Numerical results are presented for optimal Earth-Mars and Earth-Jupiter 
trajectories obtained using VariTOP (Various Trajectory Optimization Program), which 
is a low to mid-thrust trajectory optimization and analysis program developed at the 
Jet Propulsion Laboratory (JPL). 
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CHAPTER 1 INTRODUCTION 
1.1 Background 
The National Aeronautics and Space Administration (NASA) has always had a strong 
interest in manned space missions. The possible exploration of Mars by astronauts has 
attracted great attention from the space, science, and engineering communities and has 
fascinated the general public. This excitement was heightened in 1996 upon the first 
discovery of fossilized remains of organic material in a Martian meteorite implying the 
possibility for Martian extraterrestrial life [2]. Another location in our solar system 
holding the potential for sustaining life is one of Jupiter's satellites, Europa. Europa is a 
frozen sphere of ice, yet observations of this moon from the space probe Galileo has led 
many to believe that beneath the outward shell of ice is a large subterranean saltwater 
sea. Shifts in Europa's magnetic field during its orbit about Jupiter is what has led to 
such a conclusion [1]. There is great potential that this saltwater environment provides 
the means for life to exist. 
What makes a present day manned mission to another planet within our solar system 
less feasible is the long trip time involved. A considerable part of this interplanetary mis-
sion would be the transit time to and from the planet rather than the actual time spent 
at the mission site. Besides spending the majority of their time traveling on a spacecraft, 
long interplanetary travel times also pose many physiological hazards to the astronaut-
s. Long exposure to microgravity brings about muscle atrophy and bone loss. Human 
cancers as well as damage to electrical hardware onboard the spacecraft are instigated 
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by prolonged exposure to ambient space radiation and solar flares. To gain more rapid 
access to any point in the solar system and beyond requires advanced propulsion sys-
tems that will provide increases in specific impulse, specific power, and thrust-to-power 
ratio over present-day chemical propulsion. Low to mid-thrust propulsion systems such 
as fusion, fission, and ion propulsion theoretically possess these increases over chemical 
propulsion. Table 1.1 exhibits the increase in specific impulse Isp that more advanced 
propulsions systems have over conventional chemical propulsion [12, 20, 26]. 
Table 1.1 Specific impulse of various propulsion systems 
Engine Type Isp (sec) 
Chemical 200 - 500 
Nuclear thermal 825 - 925 
Plasma arc heating 400 - 2000 
Plasma (MHD) 1500 - 25,000 
Ion 3000 - 60,000 
Fusion 500 - 100,000 
Much attention has been devoted to computing optimal orbital transfers with differ-
ent low-thrust propulsion systems [10, 11]. There has also been a large amount of work 
done by Melbourne and Sauer [13-16] in studying optimal interplanetary transfers for 
low-thrust propulsion vehicles. However, the volume of published work on computing 
optimal interplanetary trajectories for an advanced low to mid-thrust propulsion concept 
appears to be limited. 
1.2 Current Research 
As of late, NASA's Marshall Space Flight Center (MSFC) has been investigating 
fusion propulsion as a means for human exploration and development of space. Two 
concepts that they have shown interest in are Inertial Electrostatic Confinement (IEC) 
fusion and plasma linear driven Magnetized Target Fusion (MTF). IEC is one of many 
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emerging concepts that have numerous advantages over conventional propulsion systems 
including longer lifetime, lower weight, high efficiency, and compact size [17, 19]. Re-
search being done at MSFC has also shown that MTF possesses these same advantages. 
Both of these methods use a combination of high temperatures and densities to force 
positively charged nuclei together. The result is the release of a large amount of energy. 
IEC dates back to a concept developed in the 1950s by Farnsworth [18]. IEC makes 
use of a spherical hollow cathode and a spherical vacuum chamber representing the 
anode. When filled with a 101v-pressure gas, ions generated from the gas are accelerated 
toward and confined in the center of the vacuum chamber [19]. This imploding of the 
gas or fuel causes the density of the fuel to reach a value of 20 times that of lead and 
a temperature of several mega-degrees centigrade [6]. This bombardment of energy 
(compression and heating) brings about the fusion reaction which results in a huge 
amount of energy. The plasma (hot ionized gas) from the reaction could possibly be 
used for thrust [8]. Figure 1.1 shows the plasma generated in an IEC system having . 
a two foot spherical vacuum chamber. The plasma can be seen in the typical star 
formation. Just recently NASA achieved its first fusion neutron production in an IEC 
experiment developed at NASA's Propulsion Research Center (PRC). This experiment 
marks PRC's capability to sustain a stable fusible plasma at a variety of power levels 
and propellant mass flow rates. 
MTF attempts to incorporate the positive aspects of both magnetic confinement and 
inertial confinement in creating fusion burning plasma [27]. A magnetic field used in 
magnetic confinement is effective in energy confinement, while inertial confinement uses 
the inertia of the imploding fuel for increasing its density and temperature [25]. The 
theory is that the combination of both methods will aid in overcoming disadvantages 
that they have alone. Figure 1.2 shows the underlying concept for MTF where a high-
temperature plasma pushes against a magnetic field resulting in thrust. 
Recently, a study at MSFC looked at simulated interplanetary travel times from 
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Figure 1.1 IEC fusion chamber containing a hollow cathode with a fusion 
plasma cloud inside 
Earth to Mars, Saturn, and Pluto [19] . The values for the propulsion parameters used 
in the simulation reflected those theoretically determined for IEC. Several simplifying 
assumptions were made for this study. All planets were assumed to be in circular orbits 
about the Sun at their true mean radius, as well as being in the same plane. The thrust 
vector for the spacecraft was radially outward from the Sun with a small tangential 
component to maintain circular speed about the Sun at each distance. The short transfer 
times obtained from this simulation led researchers of this study to conclude that travel 
to any planet in the solar system should be possible at anytime using the values for the 
propulsion parameters theorized for IEC fusion propulsion. The results from this study 
led to the work presented in this thesis. 
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Figure 1.2 MTF propulsion concept 
1.3 Proposed Approach 
The objective of this study is to calculate optimal trajectories for Earth-Mars and 
Earth-Jupiter transfers for a spacecraft whose propulsion system resembles IEC and 
MTF. The code VariTOP (Various Trajectory Optimization Program) developed at the 
Jet Propulsion Laboratory (JPL) for low and mid-thrust trajectory optimization and 
analysis will be used [23). The validity of this code has been confirmed through its use at 
JPL for the past 30 years. The departure orbit will be a low-Earth circular parking orbit . 
The arrival orbit for Mars will be a circular low-Mars parking orbit. The arrival parking 
orbit for Jupiter will be circular whose radius is equal to the semimajor axis about Jupiter 
for the Galilean moon Europa to simulate rendezvous with this satellite. The optimal 
trajectory will be the trajectory that minimizes the cost of thrust acceleration from 
departure to arrival parking orbits. Return trips from Mars and Jupiter parking orbits 
to the Earth orbit will also be investigated. For these one-way trips, departure date will 
be varied to demonstrate that this propulsion technology possesses the capability for 
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travel to Jupiter and Mars at any time. Optimal Earth-Mars and Earth-Jupiter round 
trip transfers will be simulated. Round trip cases, whose values for specific impulse is 
less than the fusion propulsion proposed in this study, will demonstrate the benefits of 
this type of propulsion. For all of these cases, the thrust magnitude and specific impulse 
are assumed to be constant. 
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CHAPTER 2 SYSTEM EQUATIONS 
The computation of nuclear propulsion, interplanetary trajectories requires the nu-
merical integration of the governing equations of motion. These equations 0f motion are 
governed by two-body dynamics for the heliocentric portion of the transfer. When the 
spacecraft is near the departure and arrival planets, a numerical method is used to cal-
culate a low-thrust escape or capture spiral. Results from the numerical method closely 
approximates results attained using three-body dynamics for the escape and capture 
phases [16]. This chapter presents these dynamic systems and the resulting equations of 
motion as well as the numerical technique used to approximate the escape and capture 
spirals. 
2.1 Spiral Trajectory Calculation Method 
The departure and arrival planetocentric spiral phases of the flight are approximated 
using equations derived by Melbourne [16]. These approximations assume a tangential 
thrust program. 
The ratio of the vehicle's final mass to initial mass for these spirals, µs, as well as 
the spiral time, ts, are solved using the following expressions: 
(2.1) 
(2.2) 
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where v is the circular velocity for the departure or arrival orbit, Cs and as are the 
exhaust velocity and thrust acceleration at the initiation of the spiral, and q1 is the 
spiral parameter which is solved iteratively. Equation (2.3) is the relationship used to 
solve for the spiral parameter. 
(2.3) 
Here µP is the gravitational constant for the planet where the spiral is taking place. The 
plus sign is chosen for an escaping spiral while the minus sign is used for a capture spiral. 
2.2 Two-Body Dynamics 
The greatest portion of the interplanetary trajectory takes place outside of the escape 
and capture spirals at the departure and arrival planets. During this heliocentric segment 
of the trajectory, the perturbations on the spacecraft due to the Sun greatly outweigh 
those due to the planets. Therefore, the heliocentric trajectory is governed by the two-
body problem where central inverse-square gravitational field dynamics are assumed. 
Figure 2.1 shows the spac;ecraft in the heliocentric-ecliptic coordinate system [3]. The 
fundamental plane of this system (X-Y plane) is the plane of the earth's orbit about 
the Sun. A vector from the center of the Earth to the center of the Sun on the spring 
equinox for the northern hemisphere defines the direction of the X-axis. The direction of 
the angular momentum vector of the earth's rotation about the Sun defines the direction 
of the Z-axis, and the Y-axis is in the direction perpendicular to the X-Z plane. The 
origin of the coordinate system is located at the center of the Sun. 
9 
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z ~\ }.., 1 
Spacecraft /' --··-····----··-./ _ ... y .:. F g - - -- ~ !-----_.--t---1 
')(. -----------------
Earth position at 
spring equinox 
Figure 2 .1 Heliocentric-ecliptic coordinate system 
y 
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The two forces that act on the spacecraft are the thrust, f, and the gravitational 
force, F9 . The primer vector, Xv, defines the direction of thrust. This vector can be 
represented in the three coordinate directions as seen in Figure 2.2. The directions for 
the X component, Y component, and Z component of the primer vector are positive as 
represented in this figure. 
z T 
Figure 2.2 Cartesian components for primer vector 
The magnitude of the gravitational force is determined using Newton's Law of Uni-
versal Gravitation [3]: 
p __ GMmR 
9 - R2 R (2.4) 
Using the gravitational parameter,µ, which is defined asµ= GM, (2.4) can be written 
as: 
(2.5) 
The forces on the spacecraft in the X, Y, and Z directions can be written as follows: 
(2.6) 
µm Avy 
Fy = --Y +Tex ---
r3 P 11>-vll 
(2.7) 
11 
µm Av 
Fz=--Z+Ta -::;L 
r 3 P 11.Avll 
(2.8) 
where ap is a normalized power parameter having a value of 1 during propulsion periods 
and a value of 0 during coasting arcs [14]. X, Y, and Z are the distances from the Sun 
to the spacecraft in the X, Y, and Z directions. The acceleration of the spacecraft in 
these three coordinate directions can be obtained by dividing (2.6), (2.7), and (2.8) by 
the spacecraft's mass: 
(2.9) 
(2.10) 
(2.11) 
It should be noted that the spacecraft's mass, m, is a function of time: 
(2.12) 
where rh is the propellant mass flow rate that is assumed to be a constant. The thrusting 
event time tp is the most recent time in the trajectory integration where an event for 
the thrust program occurred. Such events are thrust cutoff and initiation. 
Equations ( 2. 9) through ( 2.11) are the governing equations of motion for a spacecraft 
with constant thrust in a central inverse-square gravitational field. This system can be 
represented by the following set of six first-order differential equations: 
(2.13) 
(2.14) 
(2.15) 
12 
(2.16) 
(2.17) 
(2.18) 
where x 1 = X, X2 = Y, X3 = Z, X4 = Vx, Xs = Vy, and X5 = Vz. The motion of 
the spacecraft is determined by integrating these sh- st~te equations. Equation (2.12) 
provides the current mass of the spacecraft, which is needed for the integration. The 
control variables u are related to the primer vector Xv and normalized power parameter 
ap as shown below: 
~ 
II Av II 
~ 
it= llAvll 
~ 
11>-vll 
(2.19) 
aP 
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CHAPTER 3 SPACECRAFT MODEL 
This chapter presents the propulsion system model and other spacecraft parameters 
employed in the VariTOP program developed at the Jet Propulsion LaborCltory. 
3.1 Propulsion System Model 
The nuclear propulsion system modeled is constrained to operate at one thrust mag-
nitude, which implies one exhaust velocity for the entire trajectory. This is characteristic 
of nuclear propulsion. The thrust is also assumed to act like a step function. Thus, once 
the propulsion system is turned on, it operates at the constant thrust magnitude. 
The values chosen for the nuclear propulsion system parameters reflect those pro-
posed for MTF and IEC by Thio [25] and Miley [19]. These parameters for IEC, MTF, 
and the model used in this study are summarized in Table 3.1. 
Table 3.1 Comparison of IEC, MTF, and propulsion system model 
I IEC I MTF I Model I 
mps (mt) 10.8 80 30 
Pe (GW) 3 4 3 
lsp (sec) 70,500 77,000 70,500 
In Table 3.1, mps is the propulsion system mass, Pe is the reference electrical power level, 
and lsp is the thruster specific impulse. 
The propulsion system mass mps includes the masses of both the power and thrust 
subsystems. The mass of the tank structures that house the propellant is not included 
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in the propulsion system mass [24]. In this study, the mass of the power subsystem is 
the greater of the two propulsion subsystems since the nuclear propulsion model will be 
considered a direct drive. In the direct drive mode, the high-temperature plasma is used 
to create thrust directly instead of serving as an electric generator for a separate thruster 
as in the indirect drive mode. An indirect drive would not be as advantageous due to 
the need for power conversion capabilities which would greatly increase the propulsion 
system mass. The values presented in Table 3.1 of the propulsion system mass mps for 
IEC and MTF assume them to be direct drives. 
The reference electrical power level Pe for the nuclear propulsion system is computed 
from [24): 
mc2 Pe=--
2rJ 
(3.1) 
where rh is the propellant mass flow rate, c is exhaust velocity, and rJ is the thruster 
efficiency. The exhaust velocity c is defined by Stuhlinger [24] as: 
T 
C=-m (3.2) 
where T is the thrust magnitude. Thruster efficiency rJ is the ratio of the total kinetic 
exhaust power from the thrusters PK to the reference electrical power level Pe [24]: 
(3.3) 
In this study, the thruster efficiency rJ will always be equal to 1.0. 
Historically used as a performance parameter for propulsion systems, specific impulse 
Isp is understood as the ratio of thrust magnitude to the constant propellant weight flow 
weight [24]: 
c 
Isp = -
9o 
where 90 is Earth's constant acceleration of gravity at sea level. 
(3.4) 
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Propulsion system input variables in VariTOP that were given user supplied values 
are shown in Table 3.2: 
Table 3.2 Input variables for nuclear propulsion system 
Thruster Efficiency ( 'f}) 
Specific Impulse Usp) 
Reference Electrical Power Level (Pe) 
Propulsion System Specific Power (a) 
1.0 
70,500 sec 
3GW 
100 kW/kg 
Just like specific impulse, specific power a also serves as a figure of merit for a propulsion 
system. Specific power is generally expressed in terms of electrical power [24]: 
(3.5) 
Using Equations (3.1) through (3.5) and the values supplied in Table 3.2, the values 
for the nuclear propulsion system model proposed in Table 3.1 are attained. 
3.2 Spacecraft Parameters 
Values for spacecraft parameters not involving the propulsion system reflected those 
presented in the Mars "Reference Mission" study done at MSFC using nuclear thermal 
propulsion [20]. One such parameter is the Excursion Module. This vehicle jettisons 
from the spacecraft once it has arrived in its parking orbit about the destination body to 
rendezvous with its surface. Only a small fraction of the Excursion Module returns to the 
spacecraft from the destination body's surface. The mass of the Excursion Module left 
on the surface is 65,000 kg which was used in the Nuclear Thermal Rocket (NTR) study. 
A second parameter required by VariTOP is the net spacecraft mass upon its return to 
the Earth parking orbit for the round-trip studies. This parameter is given a value of 
54,200 kg which is the sum of the Habitation Module and the Crew Return Vehicle in 
the NTR study. The Habitation Module serves as the living quarters for the astronauts 
during the heliocentric transfers between the departure and destination bodies. The 
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Crew Return Vehicle serves as the entry vehicle for the astronauts to return to the 
Earth's surface. The net spacecraft mass does not include the mass of the propulsion 
system. 
One final spacecraft parameter supplied is a propellant tankage factor. From the cal-
culated value for the constant mass flow rate of the propellant rh, the mass of propellant 
required for the optimized flight can be determined. The mass of the propellant tanks is 
a percentage of the mass of the propellant. This percentage is the tankage factor, which 
will be 10% throughout this C'tudy. 
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CHAPTER 4 OPTIMAL CONTROL PROBLEM 
The optimization of the spacecraft's trajectory in VariTOP is accomplished by the 
calculus of variations. This section deals with the formulation of the optimal control 
problem and the necessary conditions for optimality used in this code. 
4.1 Indirect Numerical Approach 
Optimization is the process of determining the control u(t) and state x(t) time histo-
ries for a dynamic system for a finite period of time that minimizes a performance index 
J [4]. This performance index J describes the essential characteristics of what is to be 
optimized. An optimal control problem can be set up in the following way [21]. 
Find the control function u(t), t0 :::; t:::; t1, and the final time t1 which minimize the 
performance index: 
l tf J = <,b[x(t1 ), t1] + L(x, u, t)dt 
to 
(4.1) 
subject to the dynamic equations of motion 
x = f(x, u, t) with x(to) = x0 (4.2) 
and terminal state constraints 
(4.3) 
Such an optimal control problem can be solved directly or indirectly. A direct numer-
ical method iterates directly on the control u(t) in order to minimize the performance 
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index J. An indirect numerical method solves a two point boundary value problem 
(TPBVP) that arises from the necessary conditions for optimality. The code used in 
this study uses the calculus of variations to find the control time histories that minimize 
the performance index with differential equation constraints. This is done through the 
integration of the state x and costate ,\ equations and in solving the TPBVP satisfying 
the constraints [23). 
The optimal trajectory in this study is the trajectory where thrust acceleration has 
been minimized by optimization of the control variables. The thrust dirertion in the 
X, Y, and Z directions account for some of these variables. Another is the normalized 
power parameter ap that allows the capability for the propulsion system model to be 
shut down allowing for an optimum coasting period. For a one-way trip to the desired 
celestial body, only one optimum coast period can occur. Two optimum coast periods 
occur for a round-trip; one on the outbound flight and one during the return. 
The necessary conditions for optimality for the optimal control problem on page 17 
are [4]: 
·r aH _ _ r ,\ = -- - -H - -L - ,\ f ax - x - x x ( 4.4) 
(4.5) 
where v is a Lagrange multiplier vector with its elements to be determined. Equation-
s ( 4.4) and ( 4.5) show that the costate equations, as well as their terminal constraints, 
are the result from the application of the necessary conditions for optimality. 
The control time history u(t) is determined from the stationarity condition: 
(4.6) 
H(t), used in (4.4) and (4.6), is the Hamiltonian function defined as follows [4]: 
H(t) ~ L[x(t), u(t), t] + ,\T(t)f[x(t), u(t), t] (4.7) 
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Equations ( 4.4) through ( 4.6) are commonly referred to as the Euler-Lagrange equations 
in the calculus of variations [4]. 
With the presence of terminal state constraints, a new necessary condition called the 
transversality condition needs to be applied. Since the initial state of the spacecraft is 
fixed, this additional condition can be written as follows: 
(4.8) 
where 
(4.9) 
All of the transversality conditions used in this study are functions of the variation 
in heliocentric flight time. Some of the transversality conditions are also functions of the 
variation in departure date to allow for the date providing the most optimal trip during 
a synodic period to be found. 
The TPBVP can now be formulated following the application of the necessary con-
ditions for optimality and stationarity conditions. It consists of the state and costate 
differential equations plus their boundary and stationarity conditions [21]: 
x(to) = xo ±=J[x,u,t] 
~ = -L'{;, - fx>. 
LT+ JT>. = 0 u u (4.10) 
a<P 
8t1 + Hlt=t1 = 0 
1J;[x(t1 ), t1] = 0 
Solution of this TPBVP results from the satisfaction of the terminal state constraints 
and transversality conditions. As shown in (4.10) the transversality conditions need to 
be satisfied at the end of the heliocentric transfer. 
The name two point boundary value problem is appropriate since half of the boundary 
conditions are applied at the initial point t 0 and the other boundary conditions are 
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applied at a final point t1. The state equations naturally evolve forward in time since 
they already have a value at the initial point. The value of the state equations at the 
final point are not known because the terminal state constraints depend explicitly on t 1 
which is to be optimized. The costate equations have a value at the final point, so they 
naturally evolve backward in time. Because of this, TPBVPs are numerically sensitive. 
Integrating both state and costate equations in the same direction will cause one of the 
two to become unstable. In order to integrate both of these equations forward in time, 
a go0d guess must be made for the values of the costate variables at the initial time t0 . 
Thus the efficiency of solving the TPBVP depends a great deal on good estimates for 
the initial values of the costate variables. 
4.2 Performance Index 
The performance index used in the VariTOP program is as follows: 
(4.11) 
where a is the thrust acceleration magnitude. The objective of the optimization problem 
for this study is to minimize the thrust acceleration used to deliver the spacecraft from a 
circular Earth parking orbit to a circular parking orbit about the destination body, which 
will be either Mars or Jupiter. A transversality condition is used which is a function 
of the variation in heliocentric flight time. Therefore, of all the possible acceleration 
programs that could get the spacecraft to the destination celestial body, the optimum 
program is the one that minimizes this integral and satisfies the transversality condition. 
4.3 Numerical Method of Solution 
VariTOP employs a shooting method for guessing the initial values for the costate 
variables. When the error for terminal state constraint satisfaction is large, a Levenberg-
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Marquardt iteration method is used. A switch to a Newton-Raphson iteration technique 
is made when the error has decreased to an acceptable level. Interpolation on the initial 
values for these variables continues until the final state conditions are satisfied. The 
convergence criterion for the terminal state conditions used were those suggested by 
Sauer [23]. The tolerance of the constraint violation for the position vector at the final 
time was set to be 10-4 AU as the convergence criterion. Convergence for the velocity 
vector was set at 10-3 Y~~ and a tolerance of 10-4 was applied for all transversality con-
ditions. A variable order prerlictor-corrector scheme is used to integrate the differential 
equations. This integrator, called DIVA, is used at JPL for both navigation and flight 
project trajectory programs. 
Due to the numerical sensitivity of the TPBVP, a homotopy method was used to move 
the trajectory from a known solution to a solution where values for certain parameters 
were changed. This ability to slowly increment parameters to their new value is a 
capability built into VariTOP. When this capability is used, the converged initial values 
for the costate variables in the previous search are used as the initial guesses for these 
variables in the subsequent search. 
One final feature in VariTOP that was used for this study is the ability to constrain 
either a minimum or maximum heliocentric distance between the Sun and the spacecraft. 
Implementation of the feature causes an interruption in the calculation of the trajectory 
the first time the heliocentric radial velocity of the spacecraft with respect to the Sun 
goes to zero. At this point of interruption the heliocentric distance from the Sun is stored 
as a state condition in the search. The desired value for the closest solar approach is 
supplied by the user. Changes in the values for the costates are made until the difference 
between the solar radial distance at the point of closest solar approach and the value 
supplied is within the convergence criteria. The convergence was set at 10-5 AU. 
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CHAPTER 5 EARTH-MARS OPTIMAL TRAJECTORIES 
Numerical results for the problems studied are presented in the following two chap-
ters. The problems investigated involved optimal 0ne-way and round-trip trajectories 
between Earth and Mars and between Earth and Jupiter. The code used was written in 
Fortran 90 with double precision arithmetic. 
This chapter presents three-dimensional optimal rendezvous trajectories between 
Earth and Mars. These optimal trajectories are determined for a spacecraft whose 
parameters reflect those presented in chapter 3. The positions and velocities of the 
planets serve as initial and final conditions for the one-way trips as well as intermediate 
conditions for the round-trip cases. 
5.1 One-Way Trajectories 
The departure date for the one-way trajectories between the planets Earth and Mars 
was varied over a period of 2.13 years which represents one synodic period for these two 
planets [3]. The synodic period studied was one encompassing the years 2024 to 2026. 
This period in time was selected since it is believed that this would be the earliest this 
type of fusion propulsion for space flight could be realized. A no-fly zone of .723 AU 
about the Sun, which is the semimajor axis of Venus' orbit, was maintained to protect 
the astronauts from solar radiation. 
Values for the propulsion parameters agree with those presented in Table 3.2 on 
page 15. The Earth parking orbit is an equatorial circular orbit with an altitude of 400 
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km. The Mars parking orbit is also an equatorial circular orbit with an altitude of 300 
km. The terminal net spacecraft mass is constrained to be 54,200 kg upon its arrival 
at the destination planet. This mass excludes the masses for the propulsion system, 
propellant, and tanks. The propulsion system mass is determined using Equation 3.5 
on page 15. Table 5.1 summarizes the assumptions made for these one-way missions. 
Table 5.1 Mars one-way mission assumptions 
Mission Profile 
Launch Opportunities 
Earth Parking 
Mars Parking 
SPACECRAFT PARAMETERS 
Net Spacecraft Mass at Arrival 
Propellant Tankage Factor 
PROPULSION SYSTEM PARAMETERS 
Propulsion System Specific Power (a) 
Reference Electrical Power Level (Pe) 
Specific Impulse (Isp) 
Thruster Efficiency ( TJ) 
5.1.1 Earth to Mars 
Vary departure dates 
over 2.13 years 
2024 - 2026 
400 km altitude circular orbit 
300 km altitude circular orbit 
54,200 kg 
0.1 
100 kW/kg 
3GW 
70,500 sec 
1.0 
The solutions to the optimal Earth to Mars one-way trajectories for this synodic 
era produced flight times that varied between approximately 25 and 60 days depending 
on the departure date. Flights possessed either one coasting arc of varying duration or 
none at all. Thrusting duration and the presence or absence of a constrained minimum 
heliocentric distance significantly impacted the flight times for the various transfers 
obtained. 
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5.1.1.1 Launch Date Extrema 
Two solutions for the rendezvous trajectories from Earth to Mars with respect to 
the heliocentric inertial frame are shown in Figure 5.1. These two trajectories represent 
the longest and shortest flight times for the synodic period studied. The arrows on the 
trajectories indicate the direction and magnitude of the thrust acceleration. The option 
for an optimum coast period was incorporated for minimization of the performance 
index. The coasting arc occurs between the time the thrust is turned off and on as 
indicated in the figure. The optimization of the February 2, 2026 trajectory resulted in 
the absence of a coasting arc. 
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Figure 5.1 Earth to Mars rendezvous trajectories in three-dimensions 
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For a better view, the trajectory leaving Earth on December 31, 2024 is projected 
on all three fundamental Cartesian planes in Figures 5.2(a) - 5.2(c). The three planar 
projections of the February 2, 2026 departure trajectory can be seen in Figures 5.3( a) -
5.3(c). Figures 5.2(d) and 5.3(d) exhibit the thrust acceleration program for both of 
these transfers. 
Figures 5.2(a) - 5.2(c) reveal that the majority of the thrust for the December 3pt de-
parture occurs in the ecliptic plane (X-Y plane). This conclusion can also be made upon 
looking at Figure 5.2(d) where it is observed that the thrust acceleration in the X and Y 
directions are greater in magnitude than the thrust acceleration in the Z direction. This 
is to be expected since this flight path is of opposition class in nature. An opposition 
class trajectory is one where the Earth and destination body make their closest approach 
at some point in time during the flight. Thus, the spacecraft does not encounter the 
prescribed no-fly zone about the Sun. Also, the difference in inclination between Earth's 
orbit and Mars' orbit about the Sun is only 1.85° which makes the majority of. the trip 
in the X and Y directions. 
Figure 5.2(a) shows an increase in the magnitude of the thrust acceleration from the 
beginning to the termination of the trajectory. Since the thrust magnitude is to remain 
a constant, the magnitude of the thrust acceleration should behave this way as the mass 
of the spacecraft decreases over the flight due to the propellant mass flow. 
Figures 5.2(a) - 5.2(c) also provide insight into the thrust program. The ecliptic 
projection in Figure 5.2(a) exhibits the thrust acceleration direction has changed ap-
proximately 180° after the coasting arc from where it was directed prior in the flight. 
Figure 5.2( d) shows this very well as the thrust acceleration in the three coordinate 
directions change sign after the coasting arc where the thrust acceleration has a value 
of zero. This is done to decelerate the spacecraft as it approaches Mars. Yet the two 
thrusting arc portions do not seem to be equal. In Figure 5.2( d) the time period before 
the thrust acceleration is turned off is slightly longer than the duration of the thrust 
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acceleration after the coast. This is because the spacecraft is traveling against the grav-
itational pull of the Sun as it travels to Mars for the December 31, 2024 departure. At 
no point in the trajectory prior to the coasting arc is the spacecraft using the Sun's force 
of gravity to aid it in distancing itself from the Earth. Once the coasting arc is initiated, 
deceleration of the spacecraft starts to take place due to the Sun's gravitational force. 
The remaining portion of the trajectory now takes advantage of the gravitational force 
in slowing the spacecraft's velocity to match that of Mars upon rendezvous with the 
planet 
A great portion of the thrust for the February 2, 2026 departure occurs outside of 
the ecliptic plane as can be seen in Figure 5.3. This departure date proved to be the 
least optimal date to leave during the synodic era studied for several reasons. First, the 
optimal trajectory for this departure date was one that encountered the . 723 AU no-fly 
zone. The solution for this problem has a significant part of the maneuver about the Sun 
occurring in the third dimension. Second, the optimal trajectory for the departure date 
resulted in a transfer without a coasting phase. Thus, more propellant was required 
for this flight causing the mass of the spacecraft to be greater, which in turn would 
decrease the acceleration of the vehicle. Lastly, this trajectory has a much larger transit 
angle of 150.7° compared with a transit angle of 20.2° for the December 3pt trajectory. 
The transit angle is the angle swept out by the vector from the Sun to the spacecraft 
throughout the transfer. It has been shown that trajectories possessing shorter flight 
times are characterized by small transit angles [9]. 
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Figures 5.3(b) and 5.3( c) show a sharper turn in the positive Z direction for the 
spacecraft to avoid the constrained heliocentric distance of .723 AU. This is also exhibited 
in Figure 5.3( d) where the thrust acceleration in the Z direction is initially the largest 
in magnitude of the three coordinate directions. It remains this way during the first 10 
days of the flight. It then changes dramatically from negative to positive as it approaches 
the 20th day into the transfer. This is because of the terminal constraint on the Mars 
parking orbit. Once the velocity buildup in the negative Z direction has become great 
enough, the spacecraft starts thrusting towards the S1 m in the Z direction to swing itself 
back up to the plane of the destination orbit about Mars. This happens approximately 
10 days before the point in the trajectory where it is the closest to the Sun at a distance 
of 0.723 AU as indicated in the figure. Since the parking orbit about Mars has an 
inclination of 0°, the spacecraft needs to be tangent with the Martian equator. Once 
the spacecraft has translated enough in the positive Z direction, it needs to reduce its 
velocity in the Z direction to arrive in an equatorial orbit about Mars. Therefore, as 
observed in Figure 5.3( d), the thrust acceleration in the Z direction changes sign once 
again to negative towards the end of the flight. If no constraint on the inclination of the 
parking orbit was specified, this change in the Z direction during the last 15 days of the 
flight would probably be less dramatic. 
Figure 5.3( d) also shows dramatic changes for the thrust acceleration in the X and Y 
directions. The magnitude of the thrust acceleration in the X direction is the first of these 
two to peak in magnitude. This serves to redirect the spacecraft's initial acceleration 
from being in the direction of Earth's revolution around the Sun towards the eventual 
location of Mars at arrival. Once the velocity in the X direction has built up enough, the 
magnitude of the thrust acceleration in the Y direction peaks to eliminate what Earth 
orbital velocity the spacecraft still has. This aids in swinging the trajectory even more in 
the direction of the destination planet and in matching its orbital velocity with respect 
to the Sun. A large acceleration in the negative X direction towards the conclusion of 
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the transfer decelerates the craft enough for rendezvous with Mars to occur. 
Table 5.2 summarizes the values for trajectory and spacecraft parameters for the 
December 31st and February 2nd departures. Figure 5.4 shows the trajectory for the 
February 2, 2026 departure and how it maneuvers around the no-fly zone. Labeled is 
the point of closest solar approach, where the distance from the Sun to the spacecraft is 
.723 AU. 
Table 5.2 Trajectory and spacecraft parameters for optimal Earth to Mars 
trajectories 
Launch Date I Dec. 31, 2024 Feb. 2, 2026 I 
Escape Spiral Time (days) .524 .816 
Heliocentric Flight Time (days) 24.207 61.635 
Capture Spiral Time (days) .102 .110 
Coasting Arc Duration (days) 1.489 0 
Total Flight Time (days) 24.833 62.562 
Performance Index (m2 /s3 ) 15,631 28,170 
Initial Spacecraft Mass (kg) 112,050 158,836 
Mass of Consumed Propellant (kg) 25,318 67,850 
Propulsion System and Tank Mass (kg) 32,532 36,785 
Final Spacecraft Mass (kg) 86,732 90,985 
31 
1.5 .. 
.. 
1 
0.5 - · .. ::J 0 :!. 
N . , 
-0.5 
' · 
-1 
. , 
-1.5 
-1 
0 
1 
X (AU) Y (AU) 
Figure 5.4 February 2, 2026 Earth departure showing constrained heliocen-
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5.1.1.2 Synodic Period Optimality and Parameter Variation 
Figure 5.5 displays the values for the performance index and flight time for the 
departure dates spanning the synodic period studied. Values for mass ratio and flight 
time encompassing the same synodic period are shown in Figure 5.6. The mass ratio is 
the ratio of the propellant mass, mp, to the initial mass of the spacecraft at departure, m0 . 
The performance index curve in Figure 5.5 and the curve for the mass ratio in Figure 5.6 
follow the curve for the heliocentric flight time, t 1. This is to be expected for both these 
variables. A longer flight time for the optimal trajectory returns a longer duration of 
thrust acceleration, thus increasing the performance index. This in turn increases the 
fuel requirement for the flight making it a larger percentage of the spacecraft's mass. 
Another thing to notice in these plots is the change in concavity of the curves near 
the dashed vertical lines representing the range of launch dates where the constrained 
minimum heliocentric distance of the spacecraft had to be activated. The presence of 
an inflection point near these launch dates shows what effect this constrained minimum 
heliocentric distance has on increasing these three parameters from what they would be 
if no constraint was placed on the point of closest solar approach. The more dramatic of 
the two inflection points takes place on August 12, 2025 when the minimum heliocentric 
distance is activated for the very first time over the synodic period. A greater change in 
the concavity of the performance index and mass ratio curves follows this point rather 
than the launch date when the constrained heliocentric distance is terminated because 
of the nature of the trajectories around the launch date of August 12th. After the point 
of conjunction with respect to the Sun for these two planets, the Earth speeds away 
from Mars in their respective orbits. Trajectories leaving for Mars from Earth during 
this point in time need to be retrograde in nature with respect to the Earth's orbit 
about the Sun in order to make a fast transit to Mars. They need to back track from 
Earth's progression about the Sun to rendezvous with the lagging planet Mars. Around 
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the date August 6, 2026, when the constrained heliocentric distance no longer needs to 
be activated, the planets have already passed the point of conjunction with respect to 
the Sun. Conjunction refers to the locations of the departure and arrival bodies being 
on opposite sides of the Sun. After this point of conjunction, the Earth is now catching 
up with Mars in their individual orbits. Flights leaving for Mars from Earth during 
this point in time will be prograde with respect to Earth's orbit about the Sun. Part 
of their motion will need to progress in the direction of Earth's orbit in order to catch 
up witl-i Mars. A retrograde maneuver around the no-fly zone will exhaust much more 
propellant than a prograde transit. Hence when retrograde routes are initially taken 
around the no-fly zone, the duration of the coasting period is lengthened so as not to 
dramatically increase the mass of the spacecraft which would lead to longer flight times. 
Consequently the performance index and mass ratio do not increase for a series of launch 
dates following August 12th. 
A kink in both of the curves for the performance index and mass ratio transpires on 
the June 16, 2026 launch date. This change in slope corresponds to a change in the flight 
program for the trajectories departing Earth after June 16th. The section of these plots 
between their peak on February 3, 2026 and June 16th do not have a coasting arc. For 
the other trajectories that do have a coasting arc, it will take place after the heliocentric 
distance has been constrained for all the Earth to Mars trajectories that encounter the 
no-fly zone about the Sun. This is because a coasting arc before this point of closest 
approach would not aid the spacecraft in steering outside the constrained heliocentric 
distance. It would only cause the spacecraft to accelerate more towards the Sun. The 
coasting arc after the point of closest solar approach helps to decelerate the vehicle's 
arrival into Mars without using thrust. The trajectories that fall in this launch date 
period between February 3rd and June 16th arrive at Mars sooner without a coasting 
arc, even with the extra propellant mass due to continuous thrusting. 
Figure 5.6 shows that the ratio of the propellant mass to initial spacecraft mass 
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varies from approximately 23% to 43% depending on the launch date from the Earth 
parking orbit. To date no manned interplanetary spacecrafts have been developed, so 
for comparison purposes the spacecraft used to propel American astronauts from an 
orbit about the Earth to the Moon during the Apollo space program ·will be used. 
This spacecraft consisted of the third stage of the Saturn V rocket, the lunar module, 
service module, and command module. All told this conglomeration had a mass of 
approximately 164,150 kg and about 104,000 kg of propellant was used to make the 
transfer from the Earth to the Moon [5, 7, 22]. These two values give a mass ratio of 
approximately 63% to travel a round-trip distance that is roughly 1~0 the one-way 
distance between Earth and Mars at their closest approach [29]. Another thing which 
also makes the low mass ratio values impressive for this fusion propulsion is that the 
value for the initial mass of the spacecraft used in this study would probably tend to 
error as an underestimate, thus making the mass ratio percentage even smaller. 
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5.1.1.3 Coast Versus No Coast 
To show that the option of incorporating an optimum coast period resulted in trajec-
tories with a shorter flight time, a transfer to Mars departing the 400 km Earth parking 
orbit on December 31, 2024 was investigated where the propulsion system was forced 
to operate over the entire trajectory. The results of this trajectory and the trajecto-
ry having an optimal coasting arc sharing the same departure date are displayed in 
Table 5.3. 
Table 5.3 Trajectory and spacecraft parameters for Earth to Mars optimal 
coast and no coast trajectories 
Launch Date (Dec. 31) coast no coast I 
Escape Spiral Time (days) .524 .536 
Heliocentric Flight Time (days) 24.207 24.277 
Capture Spiral Time (days) .102 .102 
Coasting Arc Duration (days) 1.489 0 
Total Flight Time (days) 24.833 24.914 
Performance Index (m2 /s3 ) 15,631 16,376 
Initial Spacecraft Mass (kg) 112,050 113,923 
Mass of Consumed Propellant (kg) 25,318 27,021 
Propulsion System and Tank Mass (kg) 32,532 32,702 
Final Spacecraft Mass (kg) 86,732 86,902 
As seen in the table, the trajectory without an optimal coasting arc had its propulsion 
system operate slightly longer than 1 ~ days in comparison to the trajectory with the 
optimal coasting arc. This difference increased the propellant and tank structure masses 
enough so that the overall mass of the spacecraft was significantly changed. This increase 
in mass in turn lowered the acceleration of the vehicle, thus resulting in a longer total 
flight time. The variation in the data for these two runs is not great, but chapter 6 will 
show that data for optimal coasting arc trajectories spanning a greater distance of space 
will vary much more with similar transfers not possessing such a coasting period. 
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5.1.2 Mars to Earth 
The solutions to the optimal Mars to Earth one-way trajectories for this synodic 
era produced flight times whose bounds were similar to those for the Earth to Mars 
one-way flights. Launch dates that produced the maximum and minimum flight times 
were examined as before. Trends in the impact departure date had on spacecraft and 
optimality parameters was investigated as well. 
!1.1.2.1 Launch Date Extrema 
Two solutions for rendezvous trajectories from Mars to Earth during the same syn-
odic period are shown in Figures 5.7 - 5.10. Like the previous two trajectories for the 
Earth to Mars transfer, one trajectory represents the most optimal launch date and 
the other the least. These transfers in three dimensions are shown in Figure 5.7. The 
trajectory that departs Mars on October 20, 2025 does not have a coasting arc. 
Figure 5.8 shows the projection of the December 31, 2024 departure trajectory in the 
three fundamental coordinate planes as well as the thrust acceleration program. Upon 
inspection, this transfer closely resembles the December 31, 2024 departure from the 
Earth to Mars in Figure 5.2. The thrust acceleration program for the optimal Mars to 
Earth departure appears to have the opposite sign of the thrust acceleration program 
for the optimal Earth to Mars departure. This is reasonable since both are tracing 
out similar paths between the two planets in opposite directions, and both share the 
same departure date. In leaving at the same time from the two different planets, both 
trajectories cover about the same amount of interplanetary space. 
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Figure 5. 7 Mars to Earth rendezvous trajectories in three-dimensions 
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For the Earth to Mars trajectory, the distance between the starting and ending points 
of the trajectory is .787 AU. The distance is .717 AU for the Mars to Earth trajectory 
departing on the same day. The slight difference in the distances traveled by these 
trajectories is due to the nature of their motion. The Earth to Mars trajectory travels a 
farther distance in approximately the same time because it takes advantage of Earth's 
velocity around the Sun to propel it on its way to Mars. In the transfer from Mars 
to Earth, the spacecraft needs to decrease its orbital energy in order to move towards 
the Earth's orbit which is clos~r to the Sun. Therefore, the thrust acceleration initially 
opposes Mars' velocity around the Sun to allow the spacecraft to move inward towards 
the destination planet. 
Figure 5.9 shows the thrust acceleration program and projections of the trajectory 
in the three Cartesian planes for the October 20, 2025 departure from Mars. Several 
similarities between this trajectory and the February 2, 2026 trajectory departing Earth 
in Figure 5.3 also exist. Both trajectories move in the negative Z direction to avoid 
the constrained heliocentric distance about the Sun. This is to be expected since the 
position of Mars is below the ecliptic plane for both of these transfers. Also, the thrust 
direction for both of these trajectories is directed opposite to the orbital velocity of the 
planet they are escaping so as to decrease their orbital energy and move inbound towards 
the Sun. Finally, the acceleration programs in the X and Y directions for this Mars to 
Earth trajectory appear to behave in a manner opposite to that for the corresponding 
Earth to Mars transfer. Figures 5.9(d) and 5.3(d) show the sign to be opposite for the 
thrust acceleration in the Y direction for these transfers. Also the magnitude of the 
thrust acceleration in the X direction for the Mars to Earth flight is much greater than 
its counterpart for the Earth to Mars flight. 
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Table 5.4 summarizes the values for the trajectory and spacecraft parameters for the 
optimal and least optimal launch dates for a Mars to Earth transfer during the synodic 
period studied. The values for the December 31st departures closely resemble each other 
as evidenced in Table 5.2. The only significant differences in these values are the escape 
and capture spiral times for these trajectories. The escape spiral time from Earth is 
about 3~ times longer than the Mars escape, and the capture spiral time for the Mars 
to Earth trajectory is approximately 3~ times greater than the capture spiral time for 
the Earth to Mars trajectory. The Earth escape and capture spirals should be longer 
since the Earth's gravitational parameter is slightly larger than an order of magnitude 
in comparison to that of Mars. 
Aside from the differences in escape and capture spiral times due to the planet they 
occur at, there are differences between the trajectory and spacecraft parameters for the 
February 2nd and October 20th departures in Tables 5.2 and 5.4. The first thing to 
notice is that the heliocentric flight time for the trajectory initiating on October 20th is 
longer than for the corresponding trajectory in Table 5.2. The heliocentric flight time 
for the Mars to Earth transfer was also the longer of the two December 3pt departures. 
This is because the velocity magnitude of the spacecraft in the inertial reference frame 
following the Earth escape spiral is much greater than the velocity upon the conclusion 
of the Mars escape spiral. Due to this longer flight time, the thrust acceleration is going 
to occur over a greater period of time for the October 20th trajectory when compared 
with the February 2nd trajectory. It therefore is no surprise that the performance index 
for the October 20th transfer is the greater of the two according to its definition in 
Equation ( 4.11) on page 20. Finally, differences in the masses of the spacecraft for the 
two trajectories are present because of the difference in the amount of propellant needed 
to make each transfer. Since the time that the February 2nd trajectory is thrusting is 
shorter than that for the October 20th trajectory by about one day, the mass of the 
propellant for the latter is greater. The mass of the tank structures is also greater for 
44 
this trajectory since their mass is calculated to be 103 the mass of the fuel they need to -
hold. Both of these figure into a greater initial and final spacecraft mass for the October 
20th trajectory. 
Table 5.4 Trajectory and spacecraft parameters for optimal Mars to Earth 
trajectories 
Launch Date 
Escape Spiral Time (days) 
Heliocentric Flight Time (days) 
Capture Spiral Time (days) 
Coasting Arc Duration (days) 
Total Flight Time (days) 
Performance Index (m2 /s3 ) 
Initial Spacecraft Mass (kg) 
Mass of Consumed Propellant (kg) 
Propulsion System and Tank Mass (kg) 
Final Spacecraft Mass (kg) 
I Dec. 31, 2024 
.154 
24.251 
.378 
1.504 
24.783 
15,600 
111,972 
25,247 
32,525 
86,725 
Oct. 20, 2025 I 
.262 
62.761 
.404 
0 
63.427 
28,346 
159,868 
68,789 
36,879 
91,079 
The avoidance of the . 723 AU constrained heliocentric distance by the trajectory 
departing Mars on October 20, 2025 is shown in Figure 5.10. Labeled on the trajectory 
is the point of closest solar approach. 
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5.1.2.2 Synodic Period Optimality and Parameter Variation 
Figures 5.11 and 5.12 exhibit the values for the performance index and mass ratio 
spanning the investigated synodic period. As seen previously in Figures 5.5 and 5.6. 
the performance index and mass ratio curves maintain the approximate shape of the 
heliocentric flight time curve. 
Kinks in both of the curves for the performance index and mass ratio are apparent for 
the July 27, 2025 and December 11, 2025 launch dates. The change in slope of the curves 
at these Doints correspond to a change in the flight program for the trajectories departing 
Mars on these dates. The section of these plots between July 27th and December 11th do 
not have a coasting arc. For the other trajectories that do have a coasting arc, it will 
take place before the heliocentric distance has been constrained for all the Mars to Earth 
trajectories that encounter the no-fly zone about the Sun. The reasoning behind having 
the coasting arc occur before the encounter with the no-fly zone is because once the 
spacecraft passes this point of closest solar approach, it won't have much time to bleed 
off its excess velocity from passing close to the Sun. Also, the distance left to travel 
after this point of constrained heliocentric distance is much less since the spacecraft is 
required to rendezvous with Earth instead of a planet further out from the Sun as in 
the Earth to Mars trajectory. These factors cause the deceleration requirements of the 
spacecraft to be much greater after this point of constrained heliocentric distance, and 
hence an opportunity to increase the deceleration of the spacecraft with thrust is not 
passed up. Additionally, Mars is far enough from the Sun that a coasting period before 
closest solar approach will not make the effort to avoid the no-fly zone too costly for 
the optimal trip. The trajectories that fall in this launch date period between February 
3rd and June 15th arrive at Earth sooner without a coasting arc, even with the extra 
propellant mass due to continuous thrusting. 
One striking difference that exists between Figures 5.11 - 5.12 and Figures 5.5 - 5.6 
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is that the curve in the active region for the constrained heliocentric distance for the 
first two plots seems to be flipped in the latter two. For the Earth to Mars transfers, 
the location where a change in concavity is most evident is at the initiation of the 
constrained heliocentric distance. Yet, for the Mars to Earth trajectories, this trend is 
seen at the termination of the minimum solar distance for launch dates following May 
31, 2026. This is due to the fact that the Mars to Earth flights departing Mars in 
the vicinity of May 31st are retrograde with respect to Mars' orbit during this synodic 
period. Thus, the same line of reasoning can be used to explain the large inflection in 
the performance index and mass ratio curves nearby the termination of the constrained 
minimum heliocentric distance as was in section 5.1.1.2. 
Also, the peak of the curves in Figures 5.11 and 5.12 occur earlier in the constrained 
heliocentric launch date period than for the previous Earth to Mars flights. The location 
of this peak in the data for these figures is due to the nature of the Earth to Mars and 
Mars to Earth trajectories whose departure date is near the time when the constraint 
on the heliocentric distance needed to be initiated. After the point of opposition with 
respect to the Sun for these two planets, the Earth speeds away from Mars in their 
respective orbits. Trajectories leaving for Mars from Earth during this point in time 
need to be retrograde in nature with respect to the Earth's orbit about the Sun in order 
to arrive at Mars in a shorter amount of time. They need to back track from Earth's 
progression about the Sun to rendezvous with the lagging planet Mars. In the same 
fashion, flight paths leaving Mars for Earth during this period of time will be prograde 
with respect to Mars' orbit about the Sun. Part of their motion will need to progress in 
the direction of Mars' orbit in order to catch up with the Earth. The retrograde Earth 
to Mars trajectories will encounter the no-fly zone about the Sun at a launch date quite 
earlier before the launch date when the planets are in conjunction with respect to the 
Sun at the trajectory's departure and arrival. So, the constrained heliocentric distance 
will be active for quite a while until the trajectory with the maximum flight time occurs. 
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Using the same logic, the pro grade Mars to Earth trajectories will encounter the no-
fly zone about the Sun at a time much Closer to when the planets are in conjunction. 
The reason for this is because the prograde characteristic of these trajectories use the 
velocity of the planet they are escaping from to assist them in swinging outside the 
minimum constrained heliocentric distance. Therefore, the departure date for the first 
trajectory requiring the activation of the closest solar approach and the departure date 
for the trajectory having the maximum flight time are much closer for the Mars to Earth 
transfers. Thus the peak in the data after the initiat.lon for the no-fly zone about the 
Sun for Figures 5.11 and 5.12 occurs much sooner than in Figures 5.5 and 5.6. 
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5.2 Round-'frip 'frajectories 
Numerical results for round-trip missions between Earth and Mars are presented in 
this section. All trajectories will rendezvous with both planets and have a 60 day stay 
time at the intermediate planetary body for the round-trip. An optimal trajectory for 
the year 2024 is presented. Its departure date will be optimized to determine the launch 
opportunity that will minimize the performance index. Results for several cases where 
specific impulse is less than 70,500 seconds for the fusion propulsion proposed will be 
exhibite-1 to demonstrate the benefits of this type of fusion propulsion. 
5.2.1 Optimum Launch Date Trajectory 
Values for the spacecraft and propulsion system parameters for the spacecraft used for 
the one-way trajectories in this chapter are also assumed for this round-trip trajectory. 
Table 5.5 summarizes these as well as the additional constants required for the round-trip 
problem. 
Table 5.5 Mars round-trip mission assumptions 
Mission Profile 
Launch Opportunities 
Earth Departure 
Mars Parking 
Earth Return 
SPACECRAFT PARAMETERS 
Mars Jettison Mass 
Spacecraft Mass at Return 
Propellant Tankage Factor 
PROPULSION SYSTEM PARAMETERS 
Propulsion System Specific Power (a) 
Reference Electrical Power Level (Pe) 
Specific Impulse Usp) 
Thruster Efficiency ( 'TJ) 
Leave at optimal date for 
60 day stay at Mars 
November 12, 2024 
400 km altitude circular orbit 
300 km altitude circular orbit 
400 km altitude circular orbit 
65,000 kg 
54,200 kg 
0.1 
100 kW /kg 
3GW 
70,500 sec 
1.0 
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In Table 5.5 the spacecraft mass at return excludes the masses of the propulsion 
system, propellant, and tanks. The Mars jettison mass is the mass of the excursion 
vehicle left on the Martian surface. The propulsion system mass is determined using 
Equation 3.5 on page 15. 
The departure date from the 400 kilometer Earth parking orbit that provided the 
optimal round-trip for the synodic period investigated was November 12, 2024. This 
entire trajectory can be seen in Figure 5.13. The arrows on the trajectories indicate 
the direction and magnitude 0f the thrust acceleration. The option for an optimum 
coast period was incorporated for minimization of the performance index. The coasting 
arc occurs between the time the thrust is turned off and on as indicated in the figure. 
Table 5.6 summarizes the values for the trajectory and spacecraft parameters for the 
November 12th round-trip departure. 
Table 5.6 Trajectory and spacecraft parameters for Earth-Mars optimal 
round-trip trajectory 
Launch Date 
Departure Escape Spiral (days) 
Outbound Heliocentric Flight Time (days) 
Outbound Coasting Arc Duration (days) 
Intermediate Body Capture Spiral (days) 
Intermediate Body Escape Spiral (days) 
Return Heliocentric Flight Time (days) 
Return Coasting Arc Duration (days) 
Arrival Capture Spiral (days) 
Total Mission Time (days) 
Performance Index (m2 /s3) 
Initial Spacecraft Mass (kg) 
Spacecraft Mass at Mars Departure (kg) 
Mass of Consumed Propellant (kg) 
Propulsion System and Tank Mass (kg) 
Final Spacecraft Mass (kg) 
I November 12, 2024 l 
1.258 
38.877 
1.654 
.322 
.169 
30.284 
5.310 
.404 
131.313 
39,252 
225,968 
118,885 
69,789 
36,979 
91,179 
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Figure 5.13 Earth-Mars round-trip trajectory in three-dimensions 
An observation worth noting from this figure is the change in length of the thrust 
acceleration vectors from start to finish of the flight occurring on March 21, 2025. Since 
the thrust magnitude is to remain a constant, the magnitude of the thrust accelera-
tion should increase as the mass of the spacecraft decreases over the flight due to the 
propellant mass flow. 
Inspection of Figure 5.13 also reveals that the length of the coasting arc on the 
outbound leg of the trajectory to Mars is much shorter than the coasting time for the 
return trip to Earth. As shown in Table 5.6, the return coasting arc duration is greater 
than that for the outbound coasting arc by three times. There are several reasons for 
this phenomenon. First, the outbound leg of the trajectory to Mars is flying against 
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the gravitational pull of the Sun the entire time. So a coasting arc on this segment of 
the flight does not accelerate the vehicle towards its final target as one on the return 
leg to Earth does. Second, for the outbound portion of the flight the spacecraft needs 
to increase its orbital energy so as to move towards Mars' orbit which is at a distance 
farther from the Sun. On the return leg of the flight it needs to decrease its orbital energy. 
The Sun's gravitational potential energy is readily available to decrease a body's orbital 
energy. Thus, less kinetic energy (thrust) can be expended by the spacecraft on the 
return flight to Earth. Lastly, the reduced mass of the vehicle at departure from Mars 
can travel a greater distance with less thrust than the original spacecraft structure at 
Earth departure. Propellant consumed and the jettison mass left on Mars account for 
this mass loss at the time of Mars departure. 
This round-trip transfer typifies an optimal launch date for minimizing the perfor-
mance index because of the prograde escapes it provides from both planets. On Novem-
ber 12th, when the spacecraft is leaving Earth, the trajectory nearly leaves Earth's orbit 
in a tangential fashion allowing the spacecraft to maximize Earth's velocity about the 
Sun for its trip to Mars. Likewise for the February 19th departure from Mars, the space-
craft is able to incorporate some of Mars' orbital velocity to send it in the direction of 
the destination planet. 
Figure 5.14 is the thrust acceleration program for this optimal Earth-Mars round-trip 
trajectory departing Earth on November 12th. The direction of thrust appears to have 
made a rapid change over the first coasting arc initiated into the 2nd hour of the 18th day 
since leaving Earth. That is because the time scale for this plot is in increments of 20 
days. During the outbound coasting period lasting slightly longer than a day and a half, 
the spacecraft turns nearly 162°. This is a turning rate of approximately 4° per hour 
which is not unrealistic at all. 
Parallels exist between the thrust program and trajectory for the outbound leg to 
Mars for this flight and the December 3pt Earth to Mars one-way trip. To make this 
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Figure 5.14 Earth-Mars round-trip thrust acceleration program 
more evident, Figures 5.15 and 5.16 display the projections of these trajectories in the 
X-Y plane and their respective thrust acceleration programs. One commonality between 
the two is very little of the thrust being directed outside of the ecliptic plane. Another 
is the relative magnitudes of the thrust in the three coordinate directions. The thrust 
acceleration in the Y direction is the greatest in magnitude for both transfers. The 
rationale for this is that the gravitational force of the Sun has its greatest portion in this 
dimension throughout both flights. However, the thrust acceleration in the X direction 
for the trip from Earth to Mars for the round-trip trajectory is fairly close in magnitude 
for that in the Y direction since this transfer is required to travel the farthest in the X 
direction. Finally, the coordinate thrust accelerations change sign after the coasting arc 
indicating a deceleration program into the arrival body. 
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One noteworthy difference is present between Figures 5.15(b) and 5.16(b). A day or· 
so prior to and following the coast, the thrust acceleration in the X and Y directions 
behave differently for the one-way and round-trip cases. In Figure 5.15(b) the thrust 
acceleration in the Y dimension makes a quick increase in magnitude immediately before 
the coast and the thrust acceleration in the X dimension does so following the coast. 
The thrust accelerations in the X and Y directions do the direct opposite preceding 
and following the coasting phase in Figure 5.16(b). The basis for this difference stems 
from the change in the direction the vehicle is pointed during this interval of the flight. 
Figure 5.17 shows the direction the spacecraft is pointed prior to, during, and after the 
coasting arc. The bold arrows indicate when the thrust is turned on. Since Figure 5.17( a) 
illustrates the spacecraft turning to its right, a spike in the Y thrust acceleration before 
and the X thrust acceleration succeeding the coast is anticipated. As the spacecraft 
turns to the right leading up to the coast, its direction of thrust becomes more and more 
in the Y direction. Similarly as the vehicle completes its near 180° turn following the 
coasting phase, its thrust direction declines in the X direction. The reverse is true for 
the time period surrounding the coast for the round-trip outbound flight to Mars. As 
shown in Figure 5.17(b), the spacecraft turns to the left instead causing the spikes to 
occur in an opposite manner for the X and Y directions in Figure 5.16(b). 
Insight as to why a different turn would be made for these two trajectories stems 
from their different requirements to rendezvous with Mars. At arrival for the December 
3pt one-way transfer, the orbital location of Mars is such that its velocity has a significant 
fraction in the negative Y direction. In order for the spacecraft to match this velocity, 
it needs to swing slightly above the planet in the positive Y direction before its final 
approach to Mars. Then it will be able to approach Mars' orbit tangentially with a 
portion of the trajectory in the negative Y direction. For this to be accomplished, the 
direction of thrust prior to the coasting arc has its larger fraction in the positive Y 
direction. The vehicle then rotates to its right when reversing its direction to initiate 
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a larger push in the positive Y direction. Its rotation is shy of 180° upon completion 
of the coasting arc so that the acceleration ·gained in the positive Y direction before 
the propulsion system was shut down is not immediately negated. Arrival occurs nearly 
a month earlier in Mars' orbit for the November 12th round-trip trajectory. At this 
point in time the planet's velocity is almost entirely in the negative X direction. So 
when turning around, the spacecraft turns to its left to direct thrust in the negative X 
direction. Again, rotation of the craft is short of 180° in order that the velocity gained in 
the negative X direction prior to the coast is not immediately lost upon the completion 
of the coasting phase. 
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Like the commonalities and disparities that exist for the Earth to Mars one-way and 
outbound round-trip optimal departure date trajectories, they are also present for the 
return leg to Earth for this round-trip flight and the December 3pt Mars to Earth 
one-way transfer. Figures 5.18 and 5.19 display the projections of these trajectories in 
the X-Y plane and their respective thrust acceleration programs. 
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Again both transfers maneuver very little outside of the ecliptic plane, so accordingly 
the thrust acceleration in the Z direction is relatively small in Figures 5.18(b) and 
5.19(b). The relative magnitudes of the thrust in the Y direction is the largest of the 
three coordinate directions for these two transfers, which is the direction of greatest travel 
for both flights as well as the dimension that the gravitational force of the Sun has its 
principal impact for the one-way trip. Lastly, all three coordinate thrust accelerations 
change sign after the coasting arc indicating a deceleration program into the arrival 
body. 
Spikes in the thrust acceleration program surrounding the coasting phase are present 
for the December 31st departure as was the case in Figure 5.18(b) due to the rotation 
of the spacecraft for the transitiOn from acceleration to deceleration towards the Earth. 
This turn is presented in Figure 5.20(a). As before, the vectors in bold correspond to 
when the propulsion system is operating. As seen in this figure, the turn of the spacecraft 
is to its right to aid in its rendezvous with the Earth. This explains the locations for 
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the sharp increases and decreases for the thrust directions in Figure 5.18(b). Spikes 
in the thrust acceleration magnitude for a given thrust direction hardly exist for the 
February 19th departure in Figure 5.19(b). This is because the coasting arc is initiated 
quite a while before the spacecraft flips its direction as exhibited in Figure 5.20(b). 
Table 5.7 compares the spacecraft's initial mass in low Earth orbit (IMLEO) as 
well as flight times for the November 12th trajectory having an optimal coasting arc to 
those for the Mars "Reference Mission" alluded to in section 3.2 [30]. The benefits of 
using the products from a nuclear re8stion directly for thrust instead of indirectly as is 
done in nuclear thermal propulsion is clearly displayed in this table. As was shown in 
Table 1.1, the specific impulse for the IEC/MTF model is roughly 75 times that for the 
NTR. Thus the propellant mass flow rate is significantly less for this proposed fusion 
propulsion allowing the IEC /MTF propulsion system to accelerate the spacecraft over 
much longer periods of time for the same amount of propellant used by nuclear thermal 
propulsion. 
Table 5.7 Flight time and IMLEO comparison for NTR and IEC/MTF 
Propulsion IEC/MTF NTR 
System (model) (Mars Ref. Mission) 
Outbound Flight Time (days) 38.877 150 
Return Flight Time (days) 30.284 110 
Total Mission Time (days) 131.313 879 
Initial Spacecraft Mass (kg) 225,968 212,100 
These considerably reduced flight times become even more impressive when the mis-
sion profiles for the two flights in Table 5. 7 are compared. The Mars "Reference Mission" 
trajectory provided the shortest possible one-way transfer times between the two plan-
ets for the NTR because the departure dates from Earth and Mars were those launch 
opportunities that provided the shortest flight for subsequent synodic periods [30]. For 
the November 12th IEC/MTF trajectory, the one-way transfer times between Earth and 
Mars are not the quickest possible because the stay time on Mars was constrained to be 
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60 days. If the stay time on Mars was such that the departure from Earth and Mars 
were for subsequent synodic periods, then the outbound and return flight times for the 
IEC/MTF propulsion unit in Table 5.7 would be even less. 
5.2.2 Coast Versus No Coast 
To show that the option of incorporating an optimum coast period resulted in tra-
jectories with a shorter flight time, a round-trip Earth-Mars transfer departing the 400 
km Earth parking orbit on November 12, 2024 was investig'tted where the propulsion 
system was forced to operate over the entire trajectory. The results of this trajectory 
and the trajectory having an optimal coasting arc sharing the same departure date are 
displayed in Table 5.8. 
Table 5.8 Trajectory and spacecraft parameters for Earth-Mars optimal 
coast and no coast round-trip trajectories 
Launch Date (Nov. 12) I coast no coast I 
Departure Escape Spiral (days) 1.258 1.322 
Outbound Heliocentric Flight Time (days) 38.877 39.545 
Outbound Coasting Arc Duration (days) 1.654 0 
Intermediate Body Capture Spiral (days) .322 .339 
Intermediate Body Escape Spiral (days) .169 .184 
Return Heliocentric Flight Time (days) 30.284 30.504 
Return Coasting Arc Duration (days) 5.310 0 
Arrival Capture Spiral (days) .404 .409 
Total Mission Time (days) 131.313 132.302 
Performance Index (m2 /s3) 39,252 39,706 
Initial Spacecraft Mass (kg) 225,968 235,456 
Spacecraft Mass at Mars Departure (kg) 118,885 125,768 
Mass of Consumed Propellant (kg) 69,789 78,414 
Propulsion System and Tank Mass (kg) 36,979 37,841 
Final Spacecraft Mass (kg) 91,179 92,041 
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As seen in the table, the trajectory without an optimal coasting arc had its propulsion 
system operate nearly 8 days longer than the trajectory with the optimal coasting arc. 
This difference increased the propellant and tank structure masses enough so that the 
overall mass of the spacecraft was significantly changed. This increase in mass in turn 
lowered the acceleration of the vehicle, thus resulting in a longer total flight time. The 
variation in the total mission time for these trajectories was only one day, but chapter 6 
will show that data for optimal coasting arc trajectories spanning a greater distance of 
space will vary much more with similar transfers not possessing such a coasting period. 
5.2.3 Differing Specific Impulse and Specific Power Cases 
To show what impact larger values for specific impulse and specific power have on 
optimal interplanetary trajectories, several cases will be run having different values for 
these propulsion parameters. Specific impulse and specific power will still remain a 
constant for the duration of an individual flight. The cases presented will have a specific 
impulse value ranging between 70,500 and 10,000 seconds and a specific power varying 
from 10 to 100 kk~. 
Figure 5.21 displays the results for the cases run. A closer view of the curves is shown 
in Figure 5.2l(b). The solid contour lines in the plots are for the initial mass of the 
spacecraft in the Earth departure orbit measured in metric tons. Using Equations (3.1), 
(3.2), and (3.4) on page 14 the thrust magnitude can be written in terms of specific 
impulse: 
(5.1) 
The value for the thrust magnitude in Figure 5.21 was determined using this equation. 
As shown in Figure 5.21, a larger specific power equates to a shorter minimum time 
transfer. This is to be expected since an increase in specific power allows the propulsion 
system mass to be less for a given power requirement. 
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One thing of interest in this figure is the observation that the 70,500 second specific 
impulse case for various values of specific power does not provide the minimum flight time 
trajectory. For the trajectories having a specific power of 100 ~1;' the shortest trip time 
was provided by the propulsion system having a specific impulse of 29,000 seconds. For 
the 10 k: transfers this value for specific impulse is 20,200 seconds. Yet an approximate 
1 % to 2% decrease in trip time does not outweigh the costs associated with doubling 
the initial mass of the spacecraft. The initial spacecraft mass for the propulsion system 
having a 29,000 second specific impulse and a specific power of 100 kk1;' was about 2.1 
times more than the 70,500 second trajectory for the same specific power. The minimum 
trip time for the 10 kk~ flights had an initial mass that was 2.7 times greater than its 
70,500 second specific impulse trip. The greatest factor in estimating the monetary cost 
for a human mission to Mars is the mass of the spacecraft. Fuel is a large expense in 
space flight. The propulsion system that can attain mission objectives using the least 
amount of fuel and remaining the slightest in mass will be the system that will carry 
us over our greatest hurdle of cost. Thus the flight with the largest specific power and 
specific impulse provides the most optimal solution. 
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CHAPTER 6 EARTH-JUPITER OPTIMAL 
TRAJECTORIES 
This chapter presents three-dime1 sional optimal rendezvous trajectories between 
Earth and Jupiter. These optimal trajectories are determined for a spacecraft whose 
parameters reflect those presented in chapter 3. The positions and velocities of the 
planets serve as initial and final conditions for the one-way trips as well as intermediate 
conditions for the round-trip cases. 
6.1 One-Way Trajectories 
The same parameters for the spacecraft used in section 5.1 are assumed for these 
one-way trajectories as well. These can be seen in Table 6.1 where the spacecraft mass 
excludes the masses of the propulsion system, propellant, and tanks. The propulsion 
system mass is determined using Equation 3.5 on page 15. 
There are two differences in mission assumptions from those of chapter 5. One is 
the 670,900 km circular Jupiter parking orbit. The value for the radius of the Jupiter 
parking orbit is the semimajor axis about Jupiter for the Galilean satellite Europa. This 
parking orbit was chosen to simulate rendezvous with and escape from this satellite. As 
before, all of the parking orbits have an inclination of zero degrees. The second difference 
is the time period over which the departure dates are varied. The value of 1.09 years in 
Table 6.1 represents the synodic period for Earth and Jupiter [3]. 
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Table 6.1 Jupiter one-way mission assumptions 
Mission Profile 
Launch Opportunities 
Earth Parking 
Jupiter Parking 
SPACECRAFT PARAMETERS 
Net Spacecraft Mass at Arrival 
Propellant Tankage Factor 
PROPULSION SYSTEM PARAMETERS 
Propulsion System Specific Power (a) 
Reference Electrical Power Level (Pe) 
Specific Impulse Usp) 
Thruster Efficiency ( 'T/) 
6.1.1 Earth to Jupiter 
Vary departure dates 
over 1. 09 years 
2024 - 2025 
400 km altitude circular orbit 
670,900 km altitude circular orbit 
54,200 kg 
0.1 
100 kW /kg 
3GW 
70,500 sec 
1.0 
Solutions to the optimal trajectories for this synodic era resulted in flight times vary-
ing between approximately 67 and 95 days depending on the departure date. Thrusting 
duration and the presence or absence of a constrained minimum heliocentric distance 
significantly impacted the flight times for the various transfers obtained. 
6.1.1.1 Launch Date Extrema 
Two solutions for the rendezvous trajectories from Earth to Jupiter with respect to 
the heliocentric inertial frame are shown in Figure 6.1. These two trajectories represent 
the longest and shortest flight times for the synodic period studied. The arrows on the 
transfers indicate the direction and magnitude of the thrust acceleration. The option for 
an optimum coast period was incorporated for minimization of the performance index. 
The coasting arc occurs between the times the thrust is turned off and on as indicated 
in the figure. Figure 6.1 reveals that the trajectory leaving at the optimal launch date of 
November 2nd is able to utilize more of the Earth's velocity about the Sun than the June 
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6th departure which doubles back against the direction of Earth's progression about the 
Sun. 
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Figure 6.1 Earth to Jupiter rendezvous trajectories in three-dimensions 
For more insight into these two trajectories, Figures 6.2 and 6.3 display the projec-
tions of these flight paths on all three Cartesian planes. Accompanying these projections 
are the thrust acceleration programs for both transfers. 
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As seen in Figure 6.2 the magnitude of the thrust in the Z direction is quite small. 
This is expected since this Earth to Jupiter transfer does not encounter a constrained 
heliocentric distance it would have to avoid and the inclination Jupiter's orbit with 
respect to the ecliptic plane is only 1.30°. Therefore, the difference in the two planets' 
positions in the Z dimension is insignificant when compared to the other two. The 
disappearance of the thrust acceleration vectors in Figures 6.2(b) and 6.2( c) imply that 
the thrust is directed tangentially along the flight path in the Z direction. To maintain 
this tangential thrust program, very little thrust in the Z direction is required as sh0wn 
in Figure 6.2(d). 
The majority of the thrust for the November 2nd departure occurs in the X and Y 
directions. Since the locations of Earth and Jupiter at departure and arrival provide an 
opposition class of transfer, the trajectory approximates a linear path between the two 
planets as seen in Figure 6.2(a). The deviation from an entirely linear trek is due to the 
Earth's orbital velocity at departure and the rendezvous requirement to match Jupiter's 
orbital velocity upon arrival. The thrust acceleration in the X direction accounts for 
eliminating the majority of Earth's orbital velocity at departure and acquiring Jupiter's 
orbital velocity at arrival. The thrust acceleration in the Y direction plays the largest 
part in crossing the interplanetary space between Earth and Jupiter. It thus makes sense 
that it has the greatest magnitude of all three coordinate directions in Figure 6.2( d). 
The final things to note in Figure 6.2 is the increase in the thrust acceleration mag-
nitude throughout the flight and the change in sign of the thrust in all three coordinate 
directions after the coasting period. The increase in thrust acceleration magnitude comes 
from the decrease in the spacecraft's mass throughout the flight brought about by the 
propellant mass flow. The change in sign of the thrust after the coasting arc indicates 
that the thrust vector has changed direction by approximately 180°. So the thrust ac-
celeration program characterizes an acceleration away from the Earth before the coast 
and a deceleration into Jupiter after. 
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Figure 6.3 displays a very similar thrust time history in the Z direction as that in 
Figure 6.2. However, the same cannot be said for the thrust acceleration in the other two 
Cartesian directions. Since the June 6th departure utilized a trajectory in the ecliptic 
plane, the majority of the thrust initially is in the X direction to eliminate the Earth's 
orbital velocity it obtained upon escape from the planet. This thrust direction is also 
used to swing the trajectory outside of the minimum constrained heliocentric distance. 
Once the velocity in the X direction has increased sufficiently to ensure avoidance of the 
.723 AU distance from the Sun, the Y component of the thrust acceleration dominates 
so that rapid transit to the destination planet can be made. 
Figure 6.3( d) shows two thrust acceleration programs; one occurring before the time 
of closest solar approach and one occurring after. This is made apparent by the seemingly 
loss of continuity of the thrust acceleration at the time when the heliocentric distance is 
constrained. Continuity is not actually lost, it only appears to be when viewed using the 
large time unit of days. The main objective of the first thrust acceleration time history 
happening before the point of closest approach is to avoid the no-fly zone surrounding 
the Sun. The second program, initiated after this is accomplished, propels the spacecraft 
towards Jupiter. It is typified by a large thrust acceleration in the Y direction to cross 
the empty void of space between the two planets and a positive X acceleration to nullify 
the velocity gained from avoiding the no-fly zone. 
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Numerical data for the spacecraft and propulsion system parameters are displayed in 
Table 6.2. One of the first things to note in this table is a negative value for the capture 
spiral times of both trajectories. This is a result of the very large altitude for the 
circular parking orbit about Jupiter. Using the method proposed for calculating escape 
and capture spiral times in chapter 3, a large planetary gravitational parameter such as 
Jupiter's paired with a small circular orbital velocity due to a large orbital altitude will 
cause the spiral time ts in Equation (2.2) to take on a negative value. A second item of 
interest is the near doubling of the coasting arc duration of the June 6th trajectory with 
respect to the November 2nd trajectory. A shorter coasting arc for the June 6th flight 
would increase the propellant mass requirement consequently increasing the spacecraft 
mass and resulting in longer flight times. Even with this longer coasting arc, the entire 
time that the propulsion system is operating has by about 373 from the November 
2nd trajectory. Likewise the mass of the consumed propellant has increased by an equal 
373. 
Table 6.2 Trajectory and spacecraft parameters for optimal Earth to 
Jupiter trajectories 
Launch Date I Nov. 2, 2024 June 6, 2025 I 
Escape Spiral Time (days) .785 .950 
Heliocentric Flight Time (days) 67.186 94.985 
Capture Spiral Time (days) -.644 -.646 
Coasting Arc Duration (days) 8.901 15.366 
Total Flight Time (days) 67.327 95.289 
Performance Index (m2 /s3 ) 27,286 31,190 
Initial Spacecraft Mass (kg) 153,902 179,548 
Mass of Consumed Propellant (kg) 63,365 86,680 
Propulsion System and Tank Mass (kg) 36,337 38,668 
Final Spacecraft Mass (kg) 90,537 92,868 
Shown in Figure 6.4 is the trajectory for the June 6, 2025 departure and how it 
maneuvers around the no-fly zone encompassing the Sun. Labeled is the point of closest 
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solar approach where the distance from the Sun to the spacecraft is . 723 AU . 
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6.1.1.2 Synodic Period Optimality and Parameter Variation 
Figure 6.5 displays the values for the performance index and flight time for the 
departure dates spanning the synodic period investigated. Values for mass ratio and 
flight time covering the same synodic period is shown in Figure 6.6. The mass ratio 
is the fraction of propellant mass mp to the initial mass of the spacecraft at departure 
m0 . The performance index and mass ratio curves keep to the shape for the heliocentric 
flight time t 1. This trend is anticipated for both these values. A longer flight time for 
the optimal trajectory returns a long, 'r duration of thrust acceleration, resulting in an 
increase for the performance index. This in turn increases the fuel requirement for the 
flight making it a larger percentage of the spacecraft's mass. 
Another thing to notice in these plots is the change in concavity of the curves near 
the dashed vertical lines representing the range of launch dates where the constrained 
minimum heliocentric distance of the spacecraft had to be activated. The presence of 
an inflection point near these launch dates shows what effect this constrained minimum 
heliocentric distance has on increasing these three parameters from what they would be 
if no constraint was placed on the point of closest solar approach. The more dramatic of 
the two inflection points takes place on April 14, 2025 when the minimum heliocentric 
distance is activated for the very first time over the synodic period. A greater change in 
the concavity of the performance index and mass ratio curves follows this point rather 
than the launch date when the constrained heliocentric distance is terminated because 
of the nature of the trajectories around the launch date of April 14th. After the point 
of opposition with respect to the Sun for these two planets, the Earth speeds away from 
Jupiter in their respective orbits. Trajectories leaving for Jupiter from Earth during this 
point in time need to be retrograde in nature with respect to the Earth's orbit about 
the Sun in order to make a fast transit to Jupiter. They need to back track from Earth's 
progression about the Sun to rendezvous with the lagging planet Jupiter. Around the 
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date August 10, 2025, when the constrained heliocentric distance no longer needs to 
be activated, the planets have already passed the point of conjunction with respect to 
the Sun. The Earth is now catching up with Jupiter in their individual orbits. Flights 
leaving for Jupiter from Earth during this point in time will be prograde with respect to 
Earth's orbit about the Sun. Part of their motion will need to progress in the direction 
of Earth's orbit in order to catch up with Jupiter. A retrograde maneuver around the 
no-fly zone will exhaust much more propellant than a prograde transit on account of 
the increased time it will take to bypass the no-fly zone for the retrograde maneuver. 
Hence when retrograde routes are initially taken around the no-fly zone, the duration 
of the coasting period is lengthened so as not to dramatically increase the mass of the 
spacecraft which would lead to longer flight times. Consequently the performance index 
and mass ratio do not increase for a series of launch dates following April 14th. 
Figure 6.6 shows that the ratio of the propellant mass to initial spacecraft mass varies 
from approximately 413 to 503 depending on the launch date from the Earth parking 
orbit. This percentage is still much smaller than the mass ratio of 633 for the vehicle 
used to ferry Apollo astronauts to the Moon. What is more astonishing is that this 
smaller ratio of propellant for a one-way transfer when Earth and Jupiter are at their 
closest approach crossed a void that is 770 times farther than the round-trip distance 
covered by an Apollo mission to the Moon [29]. Another point which also makes the 
low mass ratio values impressive for this type of fusion propulsion is that the value for 
the initial mass of the spacecraft used in this study would probably tend to error as an 
underestimate, thus making the mass ratio percentage even smaller. 
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Finally, both the performance index and mass ratio curves make a drastic increase 
between the launch dates of June 6th and 7th for the year 2025. The trajectory departing 
Earth on June 6th, as well as those prior to it after the initiation of the constrained 
heliocentric distance, are retrograde transfers with respect to Earth's orbit about the 
Sun. All of these trajectories initially thrust against the direction of Earth's progression 
around the Sun so as to pass to the left of the Sun in the ecliptic plane. The June 
7th trajectory and those following are denoted by their prograde flight in the ecliptic 
plane away frnm the Earth. Since these prograde trajectories make use of the Earth's 
orbital velocity to avoid passing within the minimum allowable closest solar approach, 
they can cover more space in a shorter amount of time than the retrograde trajectories. 
Therefore they can accommodate a greater amount of propellant mass to be used for 
a transfer having a shorter flight time, and thus the rapid increase in the performance 
index and mass ratio curves. The June 7th departure takes place before Earth and 
Jupiter are at conjunction during departure and arrival. So a large decrease in flight time 
isn't observed between the June 6th and 7th launch dates because the June 7th transfer 
is traveling a significantly greater distance than the previous day's flight. Figure 6.7 
displays both of these transfers. 
3 
2.5 
2 
1.5 
1 5' 
:$. 
N 0.5 
0 
-0.5 
, .. :··'· 
.. . . · · ' . 
,-··· 
_,.·, 
Jup er 
-1 .. ..-: 
-1.5 . , .':.,. 
4 
, .. :·· ' · 
, .. .: .... -· 
,, .. :-'·· 
..... ·:·· 
,-:··''. 
. ··'·:· 
2 
0 
Y (AU) 
80 
. ·. 
· .. 
. · . 
.. . . . ·. 
--~·---.. Jim 1', . 
. :···' · --~~ :~ , ...... ~. 
_ .... ,· 
--,_ .. : 
X (AU) 
Figure 6. 7 Variation in departure from Earth 
' ~ . . . 
. · . .. · ..,- · 
81 
6.1.1.3 Coast Versus No Coast 
To illustrate that the option of incorporating an optimum coast period produced 
trajectories with a shorter flight time, a transfer to Jupiter departing the 400 km Earth 
parking orbit on both November 2, 2024 and June 6, 2025 were investigated where the 
propulsion system was forced to operate over the entire trajectory. The results for these 
trajectories and their corresponding optimal coating arc trajectories are presented in 
Tables 6.3 and 6.4. 
As observed in Table 6.3, the Nov~ mber 2nd trajectory without an optimal coasting 
arc had its propulsion system operate approximately 10 days more than the November 
2nd departure with the optimal coasting arc. For the June 6th transfer, this difference 
was slightly longer than 18 days. The impact of these differences on propellant and tank 
structure masses is also revealed in the tables. 
Table 6.3 Trajectory and spacecraft parameters for Earth to Jupiter opti-
mal departure date coast and no coast trajectories 
Launch Date (Nov. 2) I coast no coast I 
Escape Spiral Time (days) .785 .861 
Heliocentric Flight Time (days) 67.186 68.191 
Capture Spiral Time (days) -.644 -.645 
Coasting Arc Duration (days) 8.901 0 
Total Flight Time (days) 67.327 68.407 
Performance Index (m2 /s3 ) 27,286 29,302 
Initial Spacecraft Mass (kg) 153,902 165,809 
Mass of Consumed Propellant (kg) 63,365 74,190 
Propulsion System and Tank Mass (kg) 36,337 37,419 
Final Spacecraft Mass (kg) 90,537 91,619 
Figure 6.8 shows what effect the increase in mass for the trajectories absent of a 
coasting arc has on the spacecraft's location compared to those with one present. The 
spacecraft location for the four trajectories in Tables 6.3 and 6.4 were plotted at corre-
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Table 6.4 Trajectory and spacecraft parameters for Earth to Jupiter least 
optimal departure date coast and no coast trajectories 
Launch Date (June 6) I coast no coast I 
Escape Spiral Time (days) .950 1.092 
Heliocentric Flight Time (days) 94.985 97.580 
Capture Spiral Time (days) -.646 -.648 
Coasting Arc Duration (days) 15.366 0 
Total Flight Time (days) 95.289 98.024 
·Performance Index (m2 /s3 ) 31,190 33,441 
Initial Spacecraft Mass (kg) 179,54.\ 201,142 
Mass of Consumed Propellant (kg) 86,680 106,311 
Propulsion System and Tank Mass (kg) 38,668 40,631 
Final Spacecraft Mass (kg) 92,868 94,831 
sponding times. The fact that a difference in location can even be seen over a plotting 
field longer than 6 AU is the Y dimension is significant. The point of greatest distance 
separation between the coast and no coast trajectory occurs at the initiation of the 
coasting arc for the trajectory possessing an optimal coast period. For the November 
2nd trajectories, the separation is slightly larger than 0.14 AU. To get a sense for this 
distance, approximately 1650 planets the size of Earth could be placed between these 
spacecraft. For the June 5th trajectories, the separation increases to 0.40 AU or roughly 
4690 times the diameter of the Earth. 
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6.1.2 Jupiter to Earth 
The solutions to the optimal Jupiter to Earth one-way trajectories for this synodic 
era produced flight times whose bounds were similar to those for the Earth to Jupiter 
one-way flights. Launch dates that produced the maximum and minimum flight times 
were examined as before. Trends in the impact departure date had on spacecraft and 
optimality parameters was investigated as well. 
6.1.2.1 Launch Date Extrema 
Two solutions for rendezvous trajectories from Mars to Earth during the same syn-
odic period are shown in Figures 6.9 - 6.12. Like the previous two trajectories for the 
Earth to Jupiter transfer, one trajectory represents the most optimal launch date and 
the other the least. These transfers are represented three-dimensionally in Figure 6.9. 
Figure 6.10 shows the projection of the October 28, 2024 departure trajectory in the 
three fundamental coordinate planes as well as the thrust acceleration program. Upon 
inspection, this transfer closely resembles the November 2, 2024 departure from the 
Earth to Jupiter in Figure 6.2. The thrust acceleration program for the optimal Jupiter 
to Earth departure appears to have the opposite sign of the thrust acceleration program 
for the optimal Earth to Jupiter departure. This is reasonable since both are tracing 
out similar paths between the two planets in opposite directions. In leaving around 
the same time from the two different planets, both trajectories cover about the same 
amount of interplanetary space. For the Earth to Jupiter trip, the distance between 
the starting and ending points of the trajectory is 4.355 AU. The distance is 4.249 AU 
for the Jupiter to Earth trajectory departing on the same day. The slight difference in 
the distances traveled by these trajectories is due to the nature of their motion. The 
Earth to Jupiter trajectory travels a farther distance in approximately the same time 
because it takes advantage of Earth's velocity around the Sun to propel it on its way 
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to Jupiter. In the transfer from Jupiter to Earth, the spacecraft needs to decrease its 
orbital energy in order to move towards the Earth's orbit which is closer to the Sun. 
Therefore, the thrust acceleration initially opposes Jupiter's velocity around the Sun to 
allow the spacecraft to move inward towards the destination planet . 
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Figure 6.11 shows the thrust acceleration program and projections of the trajectory 
in the three Cartesian planes for the April 2, 2025 departure from Jupiter. One similarity 
between this flight and the June 6, 2025 flight portrayed in Figure 6.3 is that the initial 
thrust directions for both are directed opposite to the orbital velocity of the planet they 
are escaping from. This maneuver decreases their orbital energy to facilitate an inbound 
journey towards the Sun. Another association between the two is the sudden change 
in thrust acceleration program at the moment the constrained heliocentric distance has 
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been encountered. A significant difference between the thrust acceleration programs in 
Figures 6.3(d) and 6.ll(d) is the length of their coasting arcs. The trajectory with the 
least optimal departure date from Jupiter has a significantly shorter coasting arc than 
its counterpart leaving Earth. This is because deceleration into the destination planet 
needs to occur much sooner for the April 2nd flight than the June 5th flight. During 
the coasting phase for this Jupiter to Earth trip the velocity of the spacecraft is still 
increasing as a result of the gravitational pull of the Sun, while this gravitational force 
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decelerates the spacecraft during the coasting phase for the Earth to Jupiter transfer. 
The values for the spacecraft and propulsion system parameters for the optimal and 
least optimal launch date Jupiter to Earth transfers during the synodic era studied are 
summarized in Table 5.5. The values for the optimal departure date flight from either 
planet closely resemble each other as evidenced in Table 5.2. Differentiation in the escape 
and capture spiral times exist for the October 28th and November 2nd trajectories owing 
to the different parking orbits they initiate and terminate at. 
Aside from the differences in spiral times because of the planet they occur at, there 
are notable variations between the trajectory and spacecraft parameters for the June 
5th and April 2nd departures in Tables 5.2 and 5.5 as well. First of interest is the 
difference in heliocentric flight times for these two flights. The Jupiter to Earth transfer 
has a slightly longer heliocentric flight time than the equivalent least optimal launch 
date Earth to Jupiter transfer. The same is true when comparing the optimal launch 
date trajectories. This is because the spacecraft has a much larger velocity magnitude at 
the instigation of the heliocentric transfer from Earth than from Jupiter. When looking 
at the optimal launch date flights, the one departing Earth had an initial velocity of 
30.03k;i while the Jupiter departure velocity was 13.42k;i. This slightly greater than two 
to one ratio for initial heliocentric velocity also was representative for the least optimal 
launch date flights. Second, the coasting arc duration for the April 2nd Jupiter to Earth 
flight is significantly shorter than the June 5th Earth to Jupiter flight. This change is 
brought about by the effect the Sun's gravitational force has on the transfers. At the 
termination of the coasting arcs for both trajectories, the thrust vector is directed to 
decelerate the spacecraft's arrival into the destination planet. This deceleration program 
needs to start sooner for the Jupiter to Earth transfer on account of the spacecraft's 
continuous acceleration from the Sun's gravitational influence during the coasting phase. 
Consequently it is cut shorter than the coasting segment of the trajectory which aids 
in the deceleration for the June 5th Earth to Jupiter transfer. Finally, variations in the 
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masses of the spacecraft for the two trajectories are present as a result of the change 
in the amount of propellant needed to make each flight. Since the time that the June 
5th trajectory is thrusting is shorter than that for the April 2nd by approximately 6~ 
days, the mass of the propellant for the latter is greater. In the same way the mass of 
the tank structures are also greater for this trajectory given that their mass is calculated 
to be 103 the mass of the fuel they need to accommodate. Both of these figure into a 
greater initial and final spacecraft mass for the April 2nd transfer. 
Table 6.b Trajectory and spacecraft parameters for optimal Jupiter to 
Earth trajectories 
Launch Date I Oct. 28, 2024 April 2, 2025 I 
Escape Spiral Time (days) -.642 -.587 
Heliocentric Flight Time (days) 67.722 95.635 
Capture Spiral Time (days) .400 .418 
Coasting Arc Duration (days) 9.342 9.021 
Total Flight Time (days) 67.481 95.467 
Performance Index (m2 /s3 ) 27,222 32,090 
Initial Spacecraft Mass (kg) 153,560 187,330 
Mass of Consumed Propellant (kg) 63,054 93,754 
Propulsion System and Tank Mass (kg) 36,305 39,375 
Final Spacecraft Mass (kg) 90,505 93,575 
The avoidance of the .723 AU constrained heliocentric radius by the trajectory de-
parting Jupiter on April 2, 2025 is shown in Figure 6.12. Labeled is the point of closest 
approach when the radius from the Sun to the spacecraft, R, is equal to the constrained 
minimum distance. 
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6.1.2.2 Synodic Period Optimality and Parameter Variation 
Figures 6.13 and 6.14 exhibit the values for the performance index and mass ratio 
spanning the investigated synodic period. As seen previously in Figures 6.5 and 6.6, 
the performance index and mass ratio curves maintain the approximate shape of the 
heliocentric flight time curve. 
One striking difference that exists between Figures 6.13 - 6.14 and Figures 6.5 - 6.6 
is that the curve in the active region for the constrained heliocentric distance for the 
first two plots seems to be flipped in t 1.e latter two. For the Earth to Jupiter transfers, 
the location where a change in concavity is most evident is at the initiation of the 
constrained heliocentric distance. Yet, for the Jupiter to Earth trajectories, this trend is 
seen at the termination of the minimum solar distance for launch dates following June 
6, 2025. This is due to the fact that the Jupiter to Earth flights departing Jupiter in 
the vicinity of June 5th are retrograde with respect to Jupiter's orbit during this synodic 
period. Thus, the same line of reasoning can be used to explain the large inflection in 
the performance index and mass ratio curves nearby the termination of the constrained 
minimum heliocentric distance as was in section 5.1.2.2. 
The change in the time from the initiation of the constrained heliocentric distance to 
the peak of the curves when comparing Earth to Jupiter and Jupiter to Earth transfers 
is still present as it was for the Earth to Mars and Mars to Earth cases in chapter 5. 
It is just harder to see because the time from the initiation to the termination of the 
constrained heliocentric distance is shorter, roughly three times shorter. The peak for 
the Jupiter to Earth transfers occurs 12 days earlier than the Earth to Jupiter transfers 
when taken with respect to the start of the constrained heliocentric launch date period. 
The ratio of these 12 days to the duration of launch dates that the minimum heliocentric 
distance is an active constraint for the Earth-Jupiter flights is approximately four times 
larger when comparing that for the Mars to Earth and Earth to Mars transfers. So the 
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location of the peak in the data after the initiation of the no-fly zone is still impacted 
by the prograde or retrograde nature of the trajectory as described in chapter 5 section 
5.1.2.2. 
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Finally, both the performance index and mass ratio curves make a drastic decrease 
between the launch dates of March 31th and April 4th for the year 2025. This is due to 
variation in how these trajectories avoid the no-fly zone about the Sun. The trajectory 
departing Jupiter on June 6th, as well as those prior to it after the initiation of the 
constrained heliocentric distance, are prograde transfers with respect to Jupiter's orbit 
and pass to the right of the Sun. Since these trajectories make use of Jupiter's orbital 
velocity to avoid passing within the minimum allowable closest solar approach, they can 
cover more space in a shorter amount of time than a retrograde trajectory. Therefore 
they can accommodate a greater amount of propellant mass because of their quick arrival 
to Earth. For this reason the peak of the performance index and mass ratio curves for 
the March 3pt launch date is originally prograde with respect to Jupiter's orbit. Each 
subsequent Jupiter departure decides to swing further below the no-fly zone in the 
negative Z direction based on Jupiter's position below the ecliptic plane at this phase in 
the planet's orbit. Once passage around the no-fly zone is made entirely in the negative 
Z direction for the April 2nd departure from Jupiter, the following launch dates are more 
retrograde swinging to the left of the Sun with each subsequent trajectory moving less 
in the negative Z direction. After the sharp decline in the performance index and mass 
ratio curves for the Jupiter departures, these retrograde transfers following April 4th are 
back in the ecliptic plane. These changes in flight for the March 3pt through April 
5th trajectories can be seen in Figure 6.15. The transition from a prograde to retrograde 
avoidance of the no-fly zone residing approximately in the ecliptic plane takes place over 
a departure period of five days for the Jupiter to Earth transition rather than one for 
the Earth to Jupiter transfers. This is due to the orbital inclination of the departure 
planet. The Earth's orbit has no inclination with respect to the ecliptic plane, where as 
Jupiter's orbit has an inclination of 1.30°. The position of the spacecraft at departure 
from Earth at any point in its orbit about the Sun has no significant quantity in the 
third dimension, while the position of the spacecraft at escape from Jupiter does. Hence, 
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the trajectories departing Jupiter make use of this position above or below the ecliptic 
plane to pass by the Sun and the trajectories departing Earth do not transition outside 
of the ecliptic plane when avoiding passage within the minimum allowed closest solar 
approach. 
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Figure 6.15 Variation in departure from Jupiter 
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6.2 Round-Trip Trajectories 
Numerical results for round-trip missions between Earth and Jupiter are presented 
in this section. The solution for an optimal three-dimensional rendezvous trajectory for 
the year 2024 is presented. Its departure date will be optimized to determine the launch 
opportunity that will provide the shortest trip. Results for several cases where specific 
impulse is less than 70,500 seconds for the fusion propulsion proposed will be exhibited 
to demonstrate the benefits of this type of fusion propulsion. All of these missions will 
include a 60 da~· stay at the planet. 
6.2.1 Optimum Launch Date Trajectory 
Values for the spacecraft and propulsion system parameters for the spacecraft used for 
the one-way trajectories in this chapter are also assumed for this round-trip trajectory. 
Table 6.6 summarizes these as well as the additional constants required for the round-trip 
problem. The value for spacecraft mass at return excludes the masses of the propulsion 
system, propellant, and tanks. 
In Table 6.6 the spacecraft mass at return excludes the masses of the propulsion sys-
tem, propellant, and tanks. The Jupiter jettison mass is the mass of the excursion vehicle 
left on the Galilean satellite Europa. The propulsion system mass can be determined 
using Equation 3.5 on page 15. 
The departure date from the 400 kilometer Earth parking orbit that provided the 
optimal round-trip for the synodic period investigated was July 14, 2024. This entire 
trajectory can be seen in Figure 6.16. The arrows on the trajectory indicate the di-
rection and magnitude of the thrust acceleration. The option for an optimum coast 
period was incorporated for minimization of the performance index. The coasting arc 
occurs between the time the thrust is turned off and on as indicated in the figure. Ta-
ble 6.7 summarizes the values for the trajectory and spacecraft parameters for the July 
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14th round-trip departure. 
Table 6.6 Jupiter round-trip mission assumptions 
Mission Profile 
Launch Opportunities 
Earth Departure 
Jupiter Parking 
Earth Return 
SPACECRAFT PARAMETERS 
Jupiter Jettison Mass 
Spacecraft Mass at Return 
Propellant Tankage Factor 
PROPULSION SYSTEM PARAMETERS 
Propulsion System Specific Power (a) 
Reference Electrical Power Level (Pe) 
Specific Impulse (Isp) 
Thruster Efficiency ( 'f/) 
Leave at optimal date for 
60 day stay at Jupiter 
July 14, 2024 
400 km altitude circular orbit 
670,900 km altitude circular orbit 
400 km altitude circular orbit 
65,000 kg 
54,200 kg 
0.1 
100 kW/kg 
3GW 
70,500 sec 
1.0 
One observation from Figure 6.16 is that the thrust acceleration vectors are not very 
easy to distinguish. This is because the direction of thrust is in line with the flight path, 
and for this reason these vectors cannot be seen. 
Inspection of Figure 6.16 also reveals that the length of the coasting arc on the 
outbound leg of the trajectory to Jupiter is much shorter than the coasting time for the 
return trip to Earth as was found for the Earth-Mars round-trip trajectory in section 5.2. 
As shown in Table 6.7, the return coasting arc duration is greater than 2! times in length. 
There are several reasons for this phenomenon. First, the outbound leg of the trajectory 
to Jupiter is flying against the gravitational pull of the Sun the entire time. So a coasting 
arc on this segment of the flight does not accelerate the vehicle towards its final target 
as one on the return leg to Earth does. Second, for the outbound portion of the flight 
the spacecraft needs to increase its orbital energy so as to move towards Jupiter's orbit 
which is at a distance farther from the Sun. On the return leg of the flight it needs to 
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Figure 6.16 Earth-Jupiter round-trip trajectory in three-dimensions 
decrease its orbital energy. The Sun's gravitational potential energy is readily available 
to decrease a body's orbital energy. Thus, less kinetic energy (thrust) can be expended 
by the spacecraft on the return flight to Earth. Lastly, the reduced mass of the vehicle 
at departure from Jupiter can travel a greater distance with less thrust than the original 
spacecraft structure at Earth departure. Propellant consumed and the jettison mass left 
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Table 6. 7 Trajectory and spacecraft parameters for Earth-Jupiter optimal 
round-trip trajectory 
Launch Date 
Departure Escape Spiral (days) 
Outbound Heliocentric Flight Time (days) 
Outbound Coasting Arc Duration (days) 
Intermediate Body Capture Spiral (days) 
Intermediate Body Escape Spiral (days) 
Return Heliocentric Flight Time (days) 
Return Coasting Arc Duration (days) 
Arrival Capture Spiral (days) 
Total Mission Time (days) 
Performance Index (m2 /s3 ) 
Initial Spacecraft Mass (kg) 
Spacecraft Mass at Jupiter Departure (kg) 
Mass of Consumed Propellant (kg) 
Propulsion System and Tank Mass (kg) 
Final Spacecraft Mass (kg) 
I July 14, 2024 I 
2.050 
114.527 
10.058 
-.476 
-.632 
80.233 
25.526 
.466 
256.167 
41,439 
340,776 
160,768 
174,160 
47,416 
101,616 
on Europa account for this mass loss at the time of the Jupiter parking orbit departure. 
Figure 6.17 is the thrust acceleration program for this optimal Earth-Jupiter round-
trip trajectory departing Earth on July 14th. The change in sign for the three coordinate 
direction thrust accelerations following the coasting arc on the outbound flight to Jupiter 
and the return to Earth imply the transition from acceleration away from one planet to 
the deceleration of its arrival at the other. 
Parallels exist between the thrust program and trajectory for the outbound leg to 
Jupiter for this flight and the November 2nd Earth to Jupiter one-way trip. To make 
this more evident, Figures 6.18 and 6.19 display the projections of these trajectories in 
the X-Y plane and their respective thrust acceleration programs. One such commonality 
amongst the two is very little of the thrust being directed outside of the ecliptic plane. 
Another is the relative magnitudes of the thrust in the three coordinate directions. The 
thrust acceleration in the Y direction is the greatest in magnitude for both transfers. The 
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Figure 6.17 Earth-Jupiter round-trip thrust acceleration program 
rationale for this is that the gravitational force of the Sun and the distance covered by 
the flight path have their greatest portion in this dimension for both of these transfers. 
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Figure 6.19 July 14, 2024 round-trip Earth departure 
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Spikes in a thrust acceleration direction prior to and following the coasting arc mark 
the effect the rotation of the spacecraft· has on the thrust acceleration program as it 
did for the Earth-Mars transfers. The direction that the vehicle turns is determined 
by the rendezvous requirements for the different trajectories as explained in section 5.2. 
Figure 6.20 shows the direction the spacecraft is pointed prior to, during, and after the 
coasting arc. The bold arrows indicate when the thrust is turned on. 
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Figure 6.20 Earth to Jupiter thrust direction program 
Like the commonalities and differences that exist for the Earth to Jupiter one-way 
and outbound round-trip optimal departure date trajectories, they are also present for 
the return leg to Earth for this round-trip flight and· the October 23th Jupiter to Earth 
one-way departure. Figures 6.21 and 6.22 display the projections of these trajectories in 
the X-Y plane and their respective thrust acceleration programs. 
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Again both transfers maneuver very little outside of the ecliptic plane, so accordingly 
the thrust acceleration in the Z direction is relatively small in Figures 6.2l(b) and 
6.22(b). The relative magnitudes of the thrust in the Y direction is the largest of the 
three coordinate directions for these two transfers, which is the direction of greatest 
travel for both flights as well as the dimension that the gravitational force of the Sun 
has its principal impact. Lastly, all three coordinate thrust accelerations change sign 
after the coasting arc indicating a deceleration program into the arrival body. 
Spikes in the thrust acceleration program surrounding the coasting phase is present 
for the October 28th departure as was the case in Figure 6.2l(b) due to the rotation of the 
spacecraft for the transition from acceleration to deceleration towards the Earth. This 
turn is presented in Figure 6.23(a). As before, the vectors in bold correspond to when 
the propulsion system is operating. As seen in this figure, the turn of the spacecraft is 
to its right to aid in its rendezvous with the Earth. This explains the locations for the 
sharp increases and decreases for the thrust directions in Figure 6.2l(b). Spikes in the 
thrust acceleration magnitude for a given thrust direction are absent for the January 
4th departure in Figure 6.22(b ). This is because the coasting arc is initiated quite a 
while before the spacecraft flips its direction as exhibited in Figure 6.23(b). 
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6.2.2 Coast Versus No Coast 
To show that the option of incorporating an optimum coast period resulted in trajec-
tories with a shorter flight time, a round-trip Earth-Jupiter transfer departing the 400 
km Earth parking orbit on July 14, 2024 was investigated where the propulsion system 
was forced to operate over the entire trajectory. The results of this trajectory and the 
trajectory having an optimal coasting arc sharing the same departure date are displayed 
in Table 6.8. 
Table 6.8 Trajectory and spacecraft parameters for Earth-Jupiter optimal 
coast and no coast round-trip trajectories 
Launch Date (July 14) I coast no coast I 
Departure Escape Spiral (days) 2.050 2.448 
Outbound Heliocentric Flight Time (days) 114.527 122.302 
Outbound Coasting Arc Duration (days) 10.058 0 
Intermediate Body Capture Spiral (days) -.476 -.366 
Intermediate Body Escape Spiral (days) -.632 -.567 
Return Heliocentric Flight Time (days) 80.233 83.148 
Return Coasting Arc Duration (days) 25.526 0 
Arrival Capture Spiral (days) .466 .497 
Total Mission Time (days) 256.167 267.463 
Performance Index (m2 /s3 ) 41,439 41,108 
Initial Spacecraft Mass (kg) 340,776 396,701 
Spacecraft Mass at Jupiter Departure (kg) 160,768 196,802 
Mass of Consumed Propellant (kg) 174,160 225,001 
Propulsion System and Tank Mass (kg) 47,416 52,500 
Final Spacecraft Mass (kg) 101,616 106,700 
As observed in Table 6.8, the July 14th trajectory without an optimal coasting arc 
had its propulsion system operate nearly 47 days more than the July 14th departure with 
the optimal coasting arc. The impact of this difference on propellant and tank structure 
masses are also revealed in the table. 
Figure 6.24 shows what effect the increase in mass for the trajectory absent of a 
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coasting arc had on the spacecraft's location compared to that with one present. The 
spacecraft location for the two trajectories in Table 6.8 were plotted at corresponding 
times. The fact that a difference in location can even be seen over a plotting field longer 
than 5 AU is the Y dimension is significant. The point of greatest distance separation 
between the coast and no coast trajectory on the outbound flight to Jupiter occurs at 
the initiation of the coasting arc for the trajectory possessing an optimal coast period. 
This separation is approximately 0.35 AU. To get a sense for this distance, approximately 
4100 planets thP size of Earth could be placed between these two spacecraft at this point. 
The separation between the two trajectories for the return trip to Earth is immaterial 
since they leave Jupiter at different dates of departure. The arrival dates at Earth for 
both trajectories is shown in this figure as well. With the application of an optimal 
coasting arc, the entire mission took eleven days less than the total mission time when 
a coasting arc was not employed. 
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6.2.3 Differing Specific Impulse and Specific Power Cases 
To show what impact larger values for specific impulse and specific power have on 
optimal interplanetary trajectories, several cases will be run having different values for 
these propulsion parameters. Specific impulse and specific power will still remain a 
constant for the duration of an individual flight. 
Thrust magnitude can be written in terms of specific impulse as seen in Equation ( 5 .1) 
on page 63. The value for the thrust magnitude in Figure 6.25 was determined using 
this equation. 
As shown in Figure 6.25, a larger specific power equates to a shorter transfer time. 
This is to be expected since an increase in specific power allows the propulsion system 
mass to be less for a given power requirement. 
Like in the previous chapter, these figures again stress the importance specific impulse 
and specific power have on the mass of the spacecraft. In Figure 6.25 the shortest trip 
time for the trajectories having a specific power of 100 kk1;' was provided by the propulsion 
system having a specific impulse of 51,600 seconds. For the 10 kk1;' transfers this value 
for specific impulse is 36, 700 seconds. Yet the decrease in trip time does not outweigh 
the costs associated with increasing the initial mass of the spacecraft. For the cases 
studied, the propulsion system having a specific power of 100 kk1;' and a specific impulse 
of 70,500 seconds provides the most optimal solution when taking into consideration the 
greatest obstacle of financial cost for a Earth-Jupiter round-trip transfer. 
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CHAPTER 7 CONCLUSION 
Trajectory optimization for a vehicle with a propulsion system similar to those theo-
rized for Inertial Electrostatic Confinement (IEC) and plasma linear driven Magnetized 
Target Fusion (MTF) through the optimization of the control variables has been accom-
plished using the calculus of variations. Vari TOP, a code developed at the Jet Propulsion 
Laboratory ( JPL) for low-thrust trajectory optimization and analysis, was the tool used 
to accomplish this. The scope of this research encompassed one-way and round-trip 
transfers between Earth and Mars as well as Earth and Jupiter. A no-fly zone about 
the Sun having a radius of .723 AU was maintained since manned flights within this 
distance would not be practical due to radiation exposure. 
Interplanetary trip times for the IEC /MTF fusion propulsion model are significantly 
shorter than those for the NTR propulsion option being considered for the first piloted 
mission to Mars. As was shown in Table ?? of chapter 5, flight times between Earth 
and Mars can be reduced by a factor of 4 when a propulsion system having those char-
acteristics theorized for IEC and MTF is used. 
Once the technology needed for the development of a propulsion system resembling 
IEC and/or MTF is obtainable, travel to and from Mars and Jupiter would be available 
at any time. This capability implies the capacity to return to Earth on a moments notice 
due to unforeseen problems. It also provides the flexibility for more than one mission to 
occur during a synodic period since the commencement for subsequent missions would 
not be dependent on the next available opposition class trajectory. 
Results for the one-way and round-trip IEC/MTF trajectories that did not encounter 
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the no-fly zone had a very small propulsion requirement for the out-of-ecliptic dimension, 
The majority of the thrust acceleration program resided in the X and Y dimensions due 
to the small inclinations of Mars' and Jupiter's orbits about the Sun. It should be 
expected that trips to other planets within the solar system would have acceleration 
programs mainly residing in the ecliptic plane as well. 
The effect on the spacecraft parameters and performance index for those flights 
between Earth and Jupiter were far less than those amongst Earth and Mars for those 
. transfers that did have to actively avoid the minimum constrained heliocentric distance of 
.723 AU. The percent change that avoidance of the no-fly zone had on heliocentric flight 
time, performance index, and ratio of propellant mass to the initial mass of the spacecraft 
at departure for Earth to Mars one-way trips was nearly three times greater than those 
percent variations for the one-way trips between Earth and Jupiter. As the distance 
increases that the entire trajectory covers before rendezvous with the destination planet, 
the portion of the flight executing a maneuver around the no-fly zone becomes a smaller 
fraction of the trajectory in its entirety. Thus, transfers to the outer planets departing 
on a date that is not optimal will impact characteristics for the propulsion system less 
than one to a neighboring body. 
The influence of a planet's orbital inclination on trajectories actively maneuvering 
about the no-fly zone is also dependent on the distance to be covered between the 
departure and arrival bodies when the Earth is the body of departure. Since the Earth's 
orbit is in the ecliptic plane, its location in that orbit will not cause passage around the 
no-fly zone in the out-of-ecliptic dimension. What will cause this trek outside of the 
ecliptic plane around the no-fly zone is the destination planet's out-of-ecliptic location 
and distance from Earth. For the one-way transfers from Earth to Mars, the position of 
Mars in the Z direction is a significant enough portion of the entire distance covered by 
the trajectory to beget maneuvers around the no-fly zone in the Z dimension. However 
the position of Jupiter outside of the ecliptic plane is not a great enough fraction to 
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constitute out-of-ecliptic passage around the constrained minimum heliocentric distance. 
The activation of the coasting arc during. the transition from accelerating away from 
one body to decelerating the spacecraft's arrival at another was a common element seen 
for all the trajectories studied. This nearly 180° reversal of the vehicle during this period 
of the flight is over a very short amount of time in comparison to the entire heliocentric 
flight time. So, any course correction achieved while thrusting during this portion of the 
flight would be extremely small. Thrusting during this phase of the transfer would also 
not significantlv impact acceleration along the flight path since the longitudinal body 
axis of the vehide is not inline with the flight path during its about face turn. 
One final point of interest is the potential that in-situ materials utilization (ISMU) 
has on the prospective spacecraft architecture for round-trip missions. If fuels used in 
fusion such as helium-3 and deuterium could be harvested on destination planets, the 
fuel and tank masses at departure could resemble those for a one-way mission to that 
planet. Observations of Europa by the satellite Galileo have recorded the variation of 
this satellite's magnetic field to be periodic in nature with respect to its orbit about 
Jupiter [l]. This suggests that a conductive agent beneath Europa's frozen surface must 
be interacting with Jupiter's magnetic field. A prime candidate for this conductive 
substance is a large body of salt water from which deuterium can be attained. Helium-
3 is also available in the atmospheres surrounding planets in our solar system. It is 
specifically abundant in the atmospheres of Saturn and Uranus. Our moon has also 
been targeted as a rich source for Helium-3 due to its deposition in the lunar soil by 
the solar wind [28]. Further observation and research may lead to its discovery on other 
planetary satellites in our solar system. For the spacecraft architecture used in this 
study only 36% of the propellant used for the optimal departure date round-trip mission 
to Mars would be needed at Earth departure if the fuel needed to return home could be 
· collected at the mission site. For Jupiter the decrease in propellant mass from the optimal 
departure date round-trip mission is also 64%. A reduction greater than 50% is seen 
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between the round-trip and one-way cases because the intuitive doubling of propellant 
from a one-way to round-trip journey increases the overall spacecraft mass enough to 
warrant a need for slightly more propellant for an optimal round-trip transfer. This 
reduction in mass for the one-way spacecraft architecture would provide significantly 
shorter heliocentric flight times. 
Several extensions for the trajectory optimization problem for a vehicle with a propul-
sion system similar to those theorized for IEC and MTF exist. One such extension would 
be to optimize the specific impulse allowing it to be variable throughout the flight. The 
inclination of the parking orbits could be optimized to allow for quicker transfers. The 
incorporation of an abort for the mission at various points in the trajectory could be 
investigated to demonstrate what capability this propulsion system has for returning to 
Earth in the case of an emergency. Trajectories to other bodies of interest in the solar 
system can also be researched. 
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APPENDIX A SAMPLE VARITOP INPUT FILE 
The following is an edited sample input file used in the VariTOP program. The text 
following a semicolon are comments that are included for explanatory purposes. 
$input 
; TITLE FOR RUN STREAM 
head='Optimal minimum time trajectory from Earth to Mars', 
; NAME OF DEPARTURE BODY 
shota= 'Earth' , 
; NAME OF ARRIVAL BODY 
bulsi='Mars', 
; CONSTANT POWER OPTION (NUCLEAR) 
npow=O, 
; FLAG TD ALLOW TRAJECTORIES WITH A COASTING ARC 
coast=t, 
; MINIMUM ALLOWED TIME DURATION FOR THRUST OR COAST ARC (days) 
hminc=.001, 
; MINIMUM INTEGRATION STEP SIZE 
hmin=1. d-6, 
; MAXIMUM INTEGRATION STEP SIZE 
hmax=.25, 
; PROPULSION SYSTEM SPECIFIC MASS (kg/kW) 
alfa=0.01,0. ,0. ,0. ,0. ,0., 
; THRUST EFFICIENCY TERMS [ETA = (BB*Isp-2)/(Isp-2+DD-2)] 
bb=1., dd=O., 
; PROPELLANT TANKAGE FACTOR 
120 
kt=0.1, 
; MODIFIED PRIMER VECTOR CONJUGATE TO MASS 
elmO=O., 
; DEPARTURE AND ARRIVAL VELOCITY BIAS FLAGS (3 = SPIRAL ESCAPE AND CAPTURE) 
nv1=3., 
nv2=3., 
; MINIMUM ALTITUDE CONSTRAINTS FOR EPHEMERIS BODIES (km) 
alt=400. ,300.' 
; EPHEMERIS OPTION FLAG (2 = EPHEMERIS POSITION) 
efemr=2., 
; MAXIMUM NUMBER OF TRAJECTORIES FOR SEARCH 
itmax=599, 
; MAXIMUM NUMBER OF RECALCULATIONS FOR FINITE DIFFERENCE 
loops=20, 
; EPOCH CALENDAR DATE (year,month,day) 
jdl=2025,1,1, 
; SPECIFIC IMPULSE (sec) 
is=70500., 
; REFERENCE ELECTRICAL POWER LEVEL (kW) 
p0=3000000., 
; TRAJECTORY PRINT TIMES 
delpo=1., (days) 
; NAMES OF INDEPENDENT VARIABLES (COSTATE VARIABLES) 
varyi=' gama', 'f1dot', 'k1' , 'lamda', 'fff' , 'mO' , 'tend',' jdate', 
; NAMES OF DEPENDENT VARIABLES (STATE VARIABLES AND TRANSVERSALITY CONDITIONS) 
varyd='x' ,'y' , 'phi', 'radot', 'vthe', 'vphi', 'mn' , 'dmtl', 
; INDEPENDENT VARIABLE STEP SIZE CONSTRAINT 
sigx= 1. , 1. , 1. , 4. , 1. , 1000. , 1. , 1. , 1. , 
; CONVERGENCE CRITERIA FOR DEPENDENT VARIABLES 
sigy=.0001,.0001,.001,.001,.001,.001,10.,.0001, 
; DESIRED VALUE FOR 7TH DEPENDENT VARIABLE 
ywant(7)=54200., 
121 
LIST OF INITIAL VALUES FOR INDEPENDENT VARIABLES FOR INPUT RUN STREAM 
ANGLE OF PRIMER VECTOR FROM VERTICAL AT DEPARTURE (deg) 
gama= 20. 
PRIMER VECTOR CONJUGATE TO RADIUS VECTOR AT DEPARTURE (year~-1) 
f1dot= -25. 
PRIMER VECTOR CONJUGATE TO POLAR ANGLE AT DEPARTURE (AU/year) 
kl= -5. 
ANGLE OF PROJECTION OF PRIMER VECTOR ON LOCAL HORIZONTAL PLANE (deg) 
lamda= 15. 
PRIMER VECTOR CONJUGATE TO PHI AT DEPARTURE (AU/year) 
fff= 5. 
INITIAL SPACECRAFT MASS (kg) 
mO= 115000. 
HELIOCENTRIC FLIGHT TIME (days) 
tend= 25. 
LAUNCH DATE (days from epoch JDL) 
jdate= 0. 
$$end 
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APPENDIX B SAMPLE VARITOP OUTPUT FILE 
The following is an edited sample output file for the input file shown in Appendix A. 
The text following a semicolon are comments that are included for explanatory purposes. 
;Trajectory no 1: S.arch converged ill 1 loops and 9 iterations Normaliz.d Error is 0.9 
Independent Variables 
Value 
gama= 17 .49536819 
fl dot= -26 .14245250 
kl= -4.834706967 
lamda= 14 .29356442 
fff• 4.067802149 
mO= 112049. 7683 
tend= 24.20717869 
jdate= -1.090870639 
Departure body 
x - .16992693 
ra.di . 98333461 
1.0000002 
356.45902 
Arri val body 
x -.80421042 
radi 1. 6327992 
1.5236916 
136. 69764 
Input 
•l::r. - . 44255727 
eli 1.0000000 
jda.te -1.0908706 
is 70500. 000 
Nominal 
20. 00000000 
-25. 00000000 
-5. 000000000 
y 
theta 
15. 00000000 
5 . 000000000 
115000. 0000 
25. 00000000 
,000000000 
Earth 
.97024257 
99.359951 
(2,0) 
.16698589£-01 
angmo 6.2823100 
Mars (2,0) 
y 1.4201514 
theta 119 .52223 
. 93427863£-01 =- 7. 7219083 
•ly .89366768 
gama 17 .495368 
adat• 23.116308 
bb 1.0000000 
Earth Esca~ spiral conditions 
tbd . 52447220 almd . 99492359 
Trajectory 
INTEGRATION TIME STEP 
Dependent Variables 
Tolerance Value 
1.00000 x= - . 80421069 
1.00000 y= 1.4201510 
1.00000 phi= 1. 7366789 
4.00000 radota .28606616 
1.00000 vthe::a 4.7289534 
1000.00 vphi• . 52032639£-0 
1.00000 mn• 54199 .975 
1.00000 dmtl• . 90342533£-0 
z -.54216511£-04 xdot -6.3026319 
phi - . 31590236£-02 radot - . 67016410£-02 
inc . 32636052£-02 lan 174.81698 
hx . 32332978£-04 hy .35638078E-03 
z .49484616£-01 xdot -4.2645907 
phi 1. 7367071 radot .28504644 
inc 1.8476570 lan 49 .485267 
hx .1892n16 hy - .16174215 
epoch: 
olz . 74169686£-01 eldx: 13.101149 
f !dot -26 .142452 kl -4. 8347060 
tend 24.207179 elmO .0000000 
dd .0000000 alfa1 • lOOOOOOOE-01 
mdep 112049. 76 meac 111480.95 
Desired Error 
-.80421042 - .26833686£-06 
1.4201614 - . 40366671£-06 
1. 7367071 - .28169549£-04 
.28604644 .19716653£-04 
4. 7289591 - .57218199£-05 
. 52059085£-01 - .26445941£-04 
64200.000 - .25254975£-01 
.0000000 . 90342533£-04 
Dec 30, 2024 21:49:08 2460675. 409 
ydot -1.0456604 
vthe 6.3887815 
apf 288.20564 
hz 6.2823099 
Jan 24, 2025 2:47:29 
ydot -2, 0836969 
vthe 4. 7289591 
apf 286.68515 
hz 7. 7178936 
Jan 1, 2025 0:00:00 
eldy -26. 254134 
lamda 14.293564 
az•ro 77 .451625 
kt .10000000 
O.c 30, 2024 9:13:54 
olml .0000000 
zdot . 91755440E-04 
vphi . 91385942£-04 
tru 366.33833 
omega 103.02162 
2460699.616 
zdot .60673964£-01 
vphi .52059085E-01 
tru 143.36137 
omega 336.17042 
2460676. 500 
eldz -2 .0674200 
fff 4.0678021 
pO 3000000.0 
mO 112049. 76 
2460674 .885 
r• 6778. 1400 
LONGITIJDE DIFFERENCE FR.OM LAUNCH (revolutions) 
123 
time . 0000000 dt 1. 0000000 . 0000000 Dec 30, 2024 21'49:08 2460675 .409 
X, Y, Z COMPONENTS OF HELIOCENTRIC POSITION VECTOR (AU) 
x -.15992593 y .97024257 z -.54216511E-04 
X, Y, Z COMPONENTS OF HELIOCENTRIC VELOCITY VECTOR (AU/yr) 
I , Y , AND Z COMPONENTS OF PRIMER VECTOR 
elx -.44255727 ely .89366768 
DERIVATIVES OF ELX, ELY, ELZ (yr·-1) 
elz . 74169686E-01 
xdot -6.3026319 ydot -1.0456604 zdot .91755440E-04 eldx 13.101149 eldy -26.264134 eldz -2. 0674200 
X, Y, Z COMPONENTS OF TOTAL ACCELERATION VECTOR (AU/yr•2) DERIVATIVES OF ELDX, ELOY, El.DZ (yr•-2) 
xdd -222. 71543 ydd 422 .85940 
POWER RATIO (P/PO) THRUST PART OF HAMIL 
pvr 1.0000000 pvdot 518.25050 
;POSITION VEC HAG(AU) BELIO LONG (deg) 
radi . 98333461 theta 99.359951 
SEMI-MAJOR AXIS (AU) ECCENTRICITY (deg) 
ecc .16698689£-01 
zdd 38 . 440728 elddx - . 94589030 
TOTAL PROPULSION TIME 
tp .52447220 pv .0000000 
HELIO LAT (deg) RADIAL VEL (AU/yr) 
elddy 80.110970 elddz -3.0860641 
STATE VEC PART OF HAMIL HAMILTONIAN 
k3 -16.179746 hamil 534 .43025 
THETA BELIO VEL(AU/yr) PHI BEi.IO VEl.(AU/yr) 
phi - . 31590236E-02 radot - . 6701641DE-02 vthe 6. 3887815 vphi • 91385942E-04 
TRUE ANOMALY INCLINATION (deg) LONG OF ASCENDING NODE ARG OF PERIHELION 
inc . 32636052£-02 i.... 174.81598 apf 288 .20564 tru 356.33833 sma 1. 0000002 
PRIMER VEC HAG 
elm 1.0000000 
THRUST ACCEL MAG 
a val 518, 26060 
gama 17.495368 fldot -26.142452 kl -4.8347060 lamda 14. 293564 
THRUST CONE ANGLE 
fff 4.0678021 
THRUST CLOCK ANGLE !IA'S RATIO (H/MO) THRUST SI/ITCHING FUNCT DERIVATIVE OF ELSI/ 
time 1 . 0000000 
x -.17801767 
z:dot -6.9142508 
xdd -224. 06567 
pvr 1. 0000000 
radi . 98518738 
1.2217963 
elm . 91973405 
ava.l 523. 34182 
time 2 .0000000 
x - .19778885 
z:dot -7 .5294441 
xdd -225 .32648 
pvr 1. 0000000 
radi . 99084689 
1.8564406 
elm . 83996869 
aval 528. 53417 
Thrust off 
time 12. 017960 
x -.48954131 
xdot -13.586281 
z:dd 9 .2997640 
pvr 1. 0000000 
radi 1.2761226 
sma - .12038774 
alf..,. . 99492359 
dt . 25000000 
y .96897053 
ydot .11865545 
ydd 427. 77111 
pvdot 476.44919 
theta 100 .41020 
. 27396091 
gama 16.459598 
alfam . 98524450 
dt • 25000000 
y .97090517 
ydot 1. 2970966 
ydd 433.17917 
pvdot 434.49845 
theta 101.51450 
.56612133 
gama. 15. 353134 
alfam . 97556541 
dt . 12500000 
y 1.1782852 
ydot 14. 268018 
ydd -22. 383759 
pvdot . 0000000 
theta 112. 56138 
4.3068192 
elm .59214697E-01 gama 9.5044540 
aval .0000000 
time 13. 000000 
x - . 52603698 
alfem .87860078 
dt . 87500000 
1.2165414 
elsv 1.0000000 eldav -32.967212 
.29174785E-02 
z . 90768827£-04 elx - .40669509 
zdot .10606478 
zdd 38. 972738 
eldx 13. 095757 
elddx -2. 9496895 
tp 1. 5244722 pv 1. 3616754 
phi . 52788645E-02 radot 1.3660772 
inc . 89633367 
fldot -26.243867 
elav .91039771 
. 59858186E-02 
z . 52787168E-03 
zdot . 21348449 
i.... 100. 07241 
kl -4.8347060 
eldsv -32. 490604 
elx - . 37086481 
•ldz: 13. 085289 
zdd 39 .497880 elddx -4. 6348294 
tp 2.5244722 pv 2.6087081 
phi .30524213E-01 radot 2. 7741012 
inc 1. 7060628 
fldot -26.398081 
elsv . 82208204 
. 36800936E-01 
z .21954578E-Ol 
zdot 1.3862081 
zdd -.41706878 
tp 12.542422 
phi . 98577266 
inc 8.6530643 
f !dot -28 .170132 
la.n 100. 48964 
kl -4.8347060 
eldav -32. 027639 
elx - .14202064£-01 
eldx 12. 944316 
elddz: -1.0070181 
pv 8. 6362670 
radot 18. 400655 
i.... 106.06932 
kl -4 .8347060 
elav .41721696£-11 eldav -27.501853 
.39111049E-01 
z . 25680081E-01 elz: .20598346E-01 
cone 162 .50463 clock 75. 706436 
Dec 31, 2024 21:49:08 2460676.409 
ely .82208140 elz .68498254£-01 
eldy -26. 043645 
elddy 73. 509417 
k3 -57. 981056 
vthe 6. 7789972 
apf 302 . 80985 
lamda 15. 220816 
163.54040 
eldz -2.0755164 
elddz -2.8179561 
hamil 534. 43025 
vphi .10593892 
tru 57. 527983 
fff 4. 0845058 
clock 74. 779184 
Jan 1, 2025 21:49:08 2460677. 409 
ely . 75104564 
eldy -25, 852318 
elddy 66 .150696 
k3 -99. 931802 
vthe 7 .1189871 
apf 299 . 86987 
lamd.a 16. 287914 
164.64687 
Jan 11, 2025 22:14:59 
ely . 57254544E-01 
eldy -25, 042546 
elddy 1. 985524 7 
k3 -534 .43025 
vthe 7 . 0760933 
•pf 285 . 32091 
lamda 154.86412 
170.49555 
Jan 12, 2025 21:49:08 
•ly -.10072399E-01 
elz . 62806734£-01 
eldz -2. 0828010 
olddz -2 .4962844 
hamil 634. 43026 
vphi .21200662 
tru 61. 155448 
fff 4. 1005889 
clock 73.712086 
2460687 .427 
elz . 51674129£-02 
eldz -2 .1092641 
elddz - . 40713273E-01 
hamil 534. 43025 
vphi 1.0697991 
tru 81.245251 
fff 4 .1769383 
clock 295. 13588 
2460688. 409 
elz - . 51377096£-03 
zdot -13.561797 
xdd 8.9143482 
pvr 1 . 0000000 
radi 1. 3256498 
sma - . 1203877 4 
ydot 14. 200259 
ydd -20. 615801 
pvdot . 0000000 
theta 113.38383 
4.3068192 
•lm . 22934886£-01 gama 139 .45092 
a.val . 0000000 
time 13. 506714 
• -.64484251 
xdot -13.549566 
xdd 8. 7182607 
pvr 1. 0000000 
radi 1.3512435 
sma - . 1203877 4 
alfam .87860078 
dt . 87500000 
y 1.2362216 
ydot 14 .172243 
ydd -19. 781317 
pvdot . 0000000 
theta 113. 78463 
4.3068192 
•lm .59214697£-01 gama 162 .96436 
a.val .0000000 
Thrust on 
time 24. 000000 
• - .80174584 
:z:dot -4. 4364292 
xdd 320.24413 
pvr 1. 0000000 
re.di 1.6325302 
sma 1. 6403608 
elm .87281773 
a val 663. 57298 
time 24.207179 
• - . 80421069 
:z:dot -4. 2545953 
xdd 320. 90663 
pvr 1 . 0000000 
re.di 1. 6327989 
alfam .87860078 
dt . 26000000 
y 1.4212368 
ydot -1. 7451712 
ydd -596. 99769 
pvdot 607 .49387 
theta 119 .42814 
.15098166 
gama 177 .26026 
alf am . 77703533 
dt . 26000000 
1.4201610 
ydot -2.0836774 
ydd -697 .67923 
pvdot 518 .26001 
theta 119 .52224 
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eldx 12. 942991 eldy -25. 040882 zdot 1. 3850606 
zdd - . 43518078 
tp 12.542422 
phi 1.1099857 
inc 8. 6530643 
f !dot -28 .233462 
olddx .25009171£-02 elddy -.64235974 
•ldz -2. 1093246 
elddz - . 84562393E-02 
hm.il 534. 43025 
vphi 1. 0280424 
pv 8. 6362670 
radot 18. 439846 
la.n 106.06932 
k1 -4 .8347060 
elsw -.36279811E-01 eldsv 22.668944 
. 40236735E-O I 
z .27601130£-01 
zdot 1.3844521 
zdd - .44165763 
tp 12. 642422 
phi 1.1704317 
inc 8. 6530643 
fldot -28.259717 
•lx .38564083E-01 
•ld:z: 12. 943329 
elddx .47889482 
pv 8. 6362670 
ra.dot 18. 457536 
la.n 106. 06932 
kl -4 .8347060 
elaw .17742752E-1.J eldsw 27 .601380 
r•v . 66999341E-01 
z .49441487£-01 •lx .41165826 
z:dot .88560640E-01 ald:z: 13.066102 
zdd -49 .143542 elddx 7. 9193719 
tp 23 .035708 
phi 1. 7354789 
inc 1. 9244108 
fldot -28.441546 
elsv . 76478983 
.66260624E-01 
pv 15.766611 
radot .66214129 
lan 66.037739 
kl -4.8347060 
eldsv 25.056191 
z .49483807E-01 •lx .41907026 
z:dot .60647989£-01 ald:z: 13.069646 
z:dd -49.276736 eldd:z: 8.0983192 
tp 23. 242887 
phi 1. 7366789 
k3 -534 .43025 
vthe 6.8119954 
apf 286 .32091 
lamda 180 .67716 
40.649084 
tru 82. 076892 
fff 4 .1764296 
clock 269. 32284 
Jan 13, 2026 9:68:48 2460688. 916 
ely -.44812157£-01 
eldy -26. 042671 
elddy -1. 7692940 
k3 -534.43025 
vthe 6.6831107 
apf 286 . 32091 
lamda 187. 66133 
17 .046641 
Jan 23, 2026 21:49:08 
ely - . 76697189 
eldy -25.286173 
elddy -13. 700644 
k3 -26. 936383 
vthe 4. 7214660 
apf 303.31212 
lamda 295. 90710 
2. 7497391 
elz - . 34400044E-02 
eldz -2. 1093302 
elddz -.46781903£-03 
hamil 634. 43025 
vphi 1. 0076401 
tru 82.482138 
fff 4 .1758698 
clock 262. 43867 
2460699 .409 
elz - . 64049928£-01 
eldz: -2. 1109212 
elddz - . 13764662 
hamil 634. 43026 
vphi .68639006E-01 
tru 121.09089 
fff 4 .1463237 
clock 164.09290 
Jan 24, 2026 2:47:29 2460699.616 
ely -. 78131620 elz -.65247293E-01 
eldy -25 .293008 eldz: -2 .1110001 
elddy -13. 926382 elddz - . 14041846 
1.5236884 
•lm . 88900624 
aval 665. 28990 
.93432116£-01 inc 1.8475215 
pv 16.046418 
radot .28506615 
lan 49 . 4 76262 
kl -4. 8347060 
eldsv 24. 991600 
k3 -16. 180244 
vthe 4. 7289634 
apf 286.69611 
lamda 297. 94040 
2. 7992046 
hamil 534. 43026 
vphi . 62032639£-01 
tru 143. 36042 
gama 177 .20080 fldot -28 .442608 
alf am . 77503003 elsv . 77898373 
Mars capture spiral condi tioD.s 
tba . 10166772 alma . 99873165 marv 86841.927 mcap 86731. 773 
Jan 24, 2025 6:13:44 
elm2 . 18477731E-03 
fff 4 .1464890 
clock 162. 05960 
2460699. 718 
rp 3697. 2000 
Target centered ecliptic and bipolar coordinates, units are km aD.d km/s 
xtp -40.143138 
:z:tps -36.417528 
ytp -60. 383384 
ytp• 63. 360311 
ztp -121.09809 
ztps -120. 75433 
xdtp - . 21755515£-04 ydtp . 92741370£-04 zdtp - .12313373E-03 
:z:dtps . 93461964E-04 ydtps - . 24809773E-04 zdtps - . 12654553E-03 
Spacecraft parameters and transversali ty COD.di tiot1.s 
INITIAL MASS (kg) 
mO 112049.76 
FINAL MASS 
mass 86731. 773 
CONDITIONS TO OPTIMIZE JOATE 
dmtl . 90613086£-04 ptl -8428. 2606 
MASSES OF PROPElLANT, PRDPULSION SYSTEM, AND NET MASS AT ARRIVAL 
mp 25317 .986 mps 32531. 799 mn 64199 .976 dmdmO .0000000 
CONDITIONS TO OPTIMIZE ARRIVAL DATE, Isp, INPUT POI/ER, AND INITIAL MASS 
pta 8428. 2507 ptp - . 73779670 qtq . 58371345 qtqs - .10000000 
;COSTATES CONJUGATE TO HASS AT DEPART AND ARRIVAL 
•lma . 0000000 
; MAX HELIO DIST 
:m.az 1. 6327989 
•lmf . 87782874E-03 
rpa.in . 98333458 
hca .56260624E-01 
rpa.a% 1. 6326758 
125 
PERFORMANCE INDEX WEIGll'rall PROPULSION TIME MIN BELIO DIST 
jv 15631.161 tav 23. 344455 >:min • 98333458 
TOTAL BEi.IO PROPULSION TIME 
vac 177. 07629 tp 23. 344455 ptp2 24. 833219 
;ESCAPE SPIRAL TIME ESCAPE SPIRAL MASS RATIO CAP1VRE SPIRAL TIME CAP1VRE SPIRAL MASS RATIO 
tbd . 52447220 alAd • 99492359 tba .10156n2 alma . 99873155 
19 trajectories 19 total trajectori•• 
Solutio11. til»- 0. 62 aee Cumulative nm time• 0.64 MC log(eps)• -9 
